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Preface

In a solar thermal propulsion (STP) system, concentrators are used to gather sunlight
to heat the propellant temperature above 2200 K, Laval nozzle expansion is used to
generate thrust, and hydrogen is used as the propellant so that the theoretical specific
impulse can reach more than 800 s, achieving a continuous thrust between 0.1 and
1 N. The specific impulse and thrust levels of the STP system range between those of
a chemical propulsion system and an electric propulsion system, and the STP system
offers great performance advantages in space missions such as orbit transfers. Solar
thermal thrusters generally use an indirect heating method of sunlight and use a
high-temperature wall surface to heat the propellant; therefore, improving the heat
exchange efficiency of the heat exchanger core can further increase the performance
parameters of solar thermal thrusters, including thrust and specific impulse. This book
provides an integrated design of a solar thermal thruster, effectively combines regen-
erative cooling methods and heat transfer technology using laminates and achieves
a photothermal conversion efficiency of 86% for the thruster, which can maximize
the use of the received solar energy. In this book, numerical simulations and exper-
imental studies are performed to assess the radiation and convective heat transfer
processes inside solar thermal thrusters, and an optimization analysis of the space
application of solar thermal thrusters is performed.

Studies outside China have shown that refractive secondary concentrators (RSCs)
of solar thermal thrusters easily crack at high temperatures. This book uses regenera-
tive cooling technology to carry out an integrated design of secondary concentrators
and thrust chambers, carries out numerical simulation and experimental studies and
uses optical-thermal coupling and fluid-solid coupling methods to conduct a numer-
ical simulation of radiation heat transfer and regenerative cooling of the absorption
cavity. This study finds that after the regenerative cooling, the maximum temperature
of the secondary concentrator is reduced from 2400 K to 1000 K, which reaches the
safe operating temperature of the secondary concentrator, while the wall tempera-
ture of the absorber is maintained above 2400 K, with very little negative effect on
the heating of the propellant in the heat exchanger core. The important influence of
the absorption coefficient of the RSC material on the radiation heat transfer process
is analyzed. With the increase in the absorption coefficient, the RSC temperature
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vi Preface

continues to increase. The spectral band approximation model (SBAM) is used to
simulate the temperature distribution characteristics of the RSC, and the calculated
RSC temperature is lower.

Ahigh-efficiency heat exchanger core of the solar thermal thruster is designedwith
a laminated structure; the fluid-solid coupling heat transfermethod is used to simulate
the laminated heat exchange channel, and the temperature of the heat exchanger core
at the outlet of the laminate exceeds 2200 K. The effect of the laminated structure
parameters on the heating effect of the heat exchanger core is analyzed, and the
obtained main design criteria are as follows: (1) the throat area of the nozzle must
be the minimum cross section in the thruster runners, which requires the sum of
control runner cross sections in the laminated heat exchanger core to be larger than
the throat area; (2) the optimal length of control runner is approximately 50% of the
total length; (3) the smaller the cross-sectional area of the control runner is, the better
the heating effect is.

As a propellant, hydrogen has a low storage density and needs for cryogenic
storage, which makes hydrogen unsuitable for space applications of small spacecraft
such as small satellites. After ammonia dissociation, nitrogen and hydrogen are
generated, and the specific impulse can be increased to more than 400 s, which
makes ammonia a great choice for a propellant. Based on the finite-rate chemistry
(FRC) model, the heat transfer and flow characteristics of a solar thermal thruster
using ammonia as a working fluid are investigated, with a focus on analyzing the
component characteristics and variation patterns of ammonia dissociation after being
heated to a high temperature and the effect of ammonia dissociation reaction on the
specific impulse of the thruster. The main components of the dissociated ammonia
working fluid are N2 and H2. The molar percentages of the dissociated components
N, H, NH, NH2, NNH and N2H2 in the final products are very small, and these
dissociated components do not affect the performance of the thruster nozzle. Since
these components are important intermediates for the formation of the final products
N2 and H2, their role cannot be ignored. The specific impulse of the thruster after
ammonia dissociation increases significantly, and the specific impulse increases with
increasing ammonia dissociation; the specific impulse of ammonia can reach 410 s
when the ammonia is completely dissociated. Therefore, if the thruster materials
allow, the heating temperature of the heat exchanger core should be increased as
much as possible to increase the ammonia dissociation, thus increasing the specific
impulse of the thruster.

This book is not only a summary of our long-term engagement with STP systems
research but also an inductive reflection after referring to many relevant Chinese
and foreign books. Since the performance optimization/analysis of STP systems is
a complex research topic, the working mechanisms of many components are still
unclear. Since the performance optimization/analysis of STP systems is still under
continuous development and changes, there are bound to be many limitations in this
book, and any opinions and feedback are appreciated!
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Introduction

This book takes a solar thermal thruster as the research object, establishes and
expounds the mathematical model, the simulation model and experimental methods
for the solar thermal thruster. The main contents include the following: it introduces
the physical model and basic methods for the solar thermal thruster, carries out the
researches on the radiation heat transfer of the absorption cavity and the regenerative
cooling of the secondary concentrator, implements the simulation and optimiza-
tion design analyses of the laminated heat exchanger core. It is also performed on
the simulation analysis of the dissociation characteristics of ammonia propellant
and conducted on heating experimental studies of solar thermal thruster. The above
theoretical analyses or experimental studies reflect the latest research results on the
performance analyses of the solar thermal thruster.

This book can be used as a textbook or reference for teachers, students and scien-
tific personnel in aerospace, aeronautics, engineering thermophysics and power fields
engaged in the performance analysis or experimental study of the solar thermal
thruster.
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Chapter 1
Preface

1.1 Research Background and Significance

The continuous development of space exploration technology requires more efficient
and economical space transport systems, and there is an urgent need for propulsion
systems that are more efficient than chemical propulsion. Solar thermal propulsion
(STP) systems have a relatively small size and high specific impulse, thus offering
performance advantages in specific space missions. An STP system is generally
composed of a concentrator, heat exchanger core, nozzle, and propellant supply
system. The concentrator typically uses parabolic mirrors to concentrate sunlight to
heat the heat exchanger core at a focal point. The propellant is heated when it flows
through the heat exchanger core and is finally expanded and accelerated by a Laval
nozzle to generate thrust. In this propulsionmode, the propulsion system can generate
a Newton-level thrust by using an expandable whirling-membrane concentrator with
an area of approximately 10 m2 to collect solar radiation. Because hydrogen has a
small molar mass and can generate a high exhaust velocity, it is an ideal propellant for
solar thermal thrusters. The theoretical specific impulse of an STP using hydrogen
as a propellant can reach 800 s [1]. However, the low molar mass of hydrogen also
reduces the thrust that the engine can provide, limiting the STP system to low-thrust
space missions. The main applications of STP systems are orbit transfer and inter-
planetary exploration, which require a thrust level between 0.1 and 40 N. Figure 1.1
compares the thrust ranges and specific impulse ranges of several common propul-
sion methods. Chemical propulsion has a large thrust and a low specific impulse, and
electric propulsion has a high specific impulse but a very small thrust. Within the size
range of currently achievable spacecraft platforms, the specific impulse and thrust
characteristics of STP systems are very attractive, and their high specific impulse
and moderate thrust fill the gap between chemical and electric propulsion systems;
as such, they are expected to be used to increase the payload ratio of orbital transfer
vehicles (OTVs) or orbital maneuvering vehicles (OMVs).

© National University of Defense Technology Press 2025
M. Huang et al., Solar Thermal Thruster, https://doi.org/10.1007/978-981-97-7490-6_1
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Fig. 1.1 Comparison of
thrust ranges and specific
impulse ranges of several
common propulsion methods

Traditional chemical propulsion technology uses chemical energy to send a
vehicle into a predetermined space orbit or achieve in-orbit maneuvering of a space-
craft, primarily by using liquid and solid propellants. Chemical propulsion has a
development history of nearly 100 years. At present, the theoretical systems and
applied technologies of chemical propulsion are basically mature, and supporting
facilities, such as launching bases and ground measurement and control systems,
are sound. The most prominent feature of chemical propulsion is that it can provide
a large thrust, and chemical propulsion has always been the most used propulsion
technology in the aerospace field and will be the most important space propulsion
technology in the foreseeable future.Although traditional chemical rocket propulsion
technology can meet the needs of current launching tasks in terms of functionality,
safety, and reliability, with the dramatic increase in commercial launches and the
expansion of space explorationmissions, there are new requirements for launch costs,
launch cycles and payload capabilities. STP technology can increase the payload into
orbit, reduce the mass of power systems for orbit-holding and maneuvering, shorten
the transfer time from near-Earth orbit to geosynchronous orbit, and greatly expand
human interplanetary exploration capabilities. STP is a cutting-edge space propulsion
technology, and its functions include primary propulsion, response and adjustment,
position keeping, precise pointing, and orbitalmaneuvering. The primary engine used
in a spacemission provides themain thrust for orbit transfer, interplanetary orbit, and
landing and ascent on exoplanets. The response and adjustment and orbital maneu-
vering systems provide thrust for orbit-holding, azimuth control, position keeping
and spacecraft attitude control.

Launching from the Earth’s surface requires a thrust-to-weight ratio greater than
1. Currently, chemical propulsion is the only propulsion technology that can generate
thrust that overcomes the Earth’s gravity. In space, a propulsion system with higher
efficiency can be used to reduce the total mass of propellant needed for the mission.
The limitation of chemical propulsion lies in its relatively low specific impulse.Many
advanced propulsion technologies have higher specific impulses, such as electric
propulsion, which is widely used in the position keeping of commercial communi-
cation satellites and the primary propulsion of some scientific missions. However,
the thrust from electric propulsion is very low, and therefore, it takes a long time
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to provide the total impulse needed for the mission. STP can provide a Newton-
level thrust, so the time to complete tasks such as orbit transfer can be significantly
shortened compared to electric propulsion.

At present, the United States (US), Japan, Russia, and the United Kingdom (UK)
are all conducting research on STP-related technologies, and some have entered the
test and improvement stage from the program demonstration and prototype devel-
opment stage [2–4]. The National Aeronautics and Space Administration (NASA)’s
Advanced Propulsion Technology and Development Program also lists STP tech-
nology as a near-term priority and achievable project. To date, the heating methods
of STP are generally indirect; that is, concentrated sunlight is used to heat a solid,
and then the red-hot solid is used to heat fluid to a high temperature above 2000 K.
For the STP technology, there are three key components: large light concentra-
tors, high-temperature-resistant secondary concentrators, and high-efficiency heat
exchanger cores. The main technical difficulty of the heat exchanger core is the
high-temperature structure, including preventing it from reacting with the working
fluid at high temperature, maintaining a stable configuration for high-speed and effi-
cient heat exchange with the working fluid, maintaining the material strength at high
temperature, and reducing the external radiation heat transfer. How to further enhance
the heat exchange structure of the STP system and improve the integrated design of
the thruster are issues that have attracted extensive attention from researchers around
the world [5].

In China, the Beijing University of Aeronautics and Astronautics, Harbin Institute
of Technology, Northwestern Polytechnical University and National University of
Defense Technology have also conducted basic theoretical research on STP systems,
mainly focusing on system conceptual designs and flow simulations, and the relevant
research needs to be further improved [8].

1.2 Research Overview

1.2.1 Structural Design of Solar Thermal Thruster

In the US, the Phillips Laboratory operated by the US Air Force Materiel Command,
NASAMarshall Space Flight Center, NASALewis Research Center, and the Univer-
sity of Alabama are conducting research on STP technology [14–18]. The key
research projects include the Integrated Solar Upper Stage (ISUS) and Solar Orbit
Transfer Vehicle (SOTV) [19–21]. Figure 1.2 shows a conceptual diagram of the
application of a STP system to a space vehicle.

Rockwell (USA) developed an early initial prototype of a rhenium thrust chamber,
while the Pratt & Whitney Rocketdyne (USA) developed a thrust chamber using
a porous material composed of hafnium carbide (HfC) [22]. In 1996, a scheme
demonstration and test prototype study of an ISUS propulsion system was started
using a tungsten or tungsten alloy absorber/thrust chamber and hydrogen as the
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Fig. 1.2 Conceptual
diagram of the application of
an STP system to a space
vehicle

working fluid [23]. The Marshall Space Flight Center (MSFC) (USA) has been
developing solar thermal thrusters. Its most typical solar thermal thruster is designed
for a thrust of 2 lb (approximately 8.9 N), a specific impulse of 860 s, and a thrust
chamber temperature of 2533 K. The absorber wall is cylindrical with a thickness of
0.2 in and a length of 16.3 in, the bottom is hemispherical with an opening diameter
of 2.652 in and a bottom diameter of 2.588 in, and the bottom is narrower than
the opening to prevent the absorber from deviating from the central axis. The outer
diameter of the housing is 3.213 in and the bottom is 3.17 in, and the wall thickness
is 0.2 in, as shown in Fig. 1.3.

In 1997, the NASA Lewis Research Center conducted ground experiments on
the ISUS system, with a focus on the absorber/thrust chamber (Receiver/Absorber/
Converter, RAC) [24–28]. The RAC is a graphite cavity, and to avoid a reaction with
hydrogen, the inner and outer surfaces are treated by a chemical vapor deposition of

Fig. 1.3 MSFC solar thermal thruster structural diagram
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rhenium. The working fluid H2 enters the RAC after being preheated in the preheater.
In the experiment, themeasuredmaximumwall temperature of the RACwas 2200K,
themaximum temperature of theworkinggaswas 2022K, theflow rate of theworking
gas was 1.7 g/s, and the calculated specific impulse reached 742 s. The parameters
of the ground demonstration test of the solar thermal thruster are shown in Table 1.1.
This series of tests successfully verified the feasibility of STP technology at the
system level. The solar thermal thruster its working medium in hot runner USES
the traditional simple structure of the spiral flow channel. The working fluid heat
exchange runner uses a traditional spiral runner with a simple structure. Another
heat exchange structure has 195 fine flow channels with a diameter of 3 mm and a
length of 16 cm drilled on a graphite cavity along the axial direction. After the test,
the thrust chamber and multilayer insulation (MLI) protective layers were inspected,
and no abnormalities were found. The MLI technology and spiral runner design of
the thrust chamber can be used for reference and improved in follow-up studies.
The MLI package is composed of 80–100 layers of tungsten and molybdenum foils,
which can effectively reduce the radiation of the thruster to the external environment.
In the experiment, the energy loss of the thruster was measured to be approximately
4800W (input power 10 kW), with radiation loss accounting for 80% and convective
loss accounting for 20%. A spiral runner is a measure often used in engineering to
enhance heat transfer. During the forward movement of the working fluid in the
spiral runner, the direction is continuously changed, which could cause secondary
circulation in the cross-section and enhance heat transfer. The comparison of the
temperature difference between the heat exchanger core outlet airflow and the inlet
airflow and the temperature difference between the heat exchanger core body and the
inlet airflow confirmed that the heat exchange efficiency was approximately 90%.

In 2004, a physical science company received funding from the U.S. Air Force
Research Laboratory and cooperated with Rocketdyne and Boeing to develop an
innovative STP system for small aircraft [29–30]. In this system, the solar radiation is
concentrated by the concentrator, and the high-intensity solar radiation is transmitted
to the thermal absorber through low-loss fiber optic light guides to generate effective
and high-performance thrust. A graphite absorber is used in this system, and the
outside is insulated by molybdenum. The working fluid flows into the cavity through
the small holes of the graphite cavity and then flows out of the heating cavity through
molybdenum tubes, where it is fully heated through tortuous flow paths. This design

Table 1.1 Parameters for the
ground demonstration test of
the STP system

Ground demonstration test parameters Test value

Highest temperature of absorber/K > 2200

Highest temperature of working fluid/K > 2012

Corresponding specific impulse/s 742

Heat exchanger efficiency/% – 90

Number of ignitions 122

Total time/h 320
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concept is used for reference in the design of the working fluid flow channel in the
thrust chamber, which makes the working fluid flow in a circuitous manner inside
the high-temperature wall.

Molybdenum and tungsten and their alloys have high melting points and are
ideal materials for solar thermal thrusters. However, they can become brittle during
processing, welding and high-temperature recrystallization, so the manufacturing of
thruster materials using molybdenum or tungsten is difficult. The Japan Aerospace
Exploration Agency, in cooperation with the Japan Science and Technology Agency
and the National Institute of Materials Science (NIMS), doped molybdenum or tung-
sten billets with a small amount of CaO and MgO and then hot-rolled them into
single-crystal molybdenum or tungsten plates to improve the ductility of molyb-
denum and tungsten and their alloys, which solved the brittleness problem of molyb-
denum, tungsten and their alloys during processing, welding and high-temperature
recrystallization [31–35]. Large and medium-sized STP devices were successfully
developed using single-crystal molybdenum, small STP devices with back-to-back
arrangements of dual absorbers/thrust chambers were fabricated using single-crystal
tungsten, and preliminary performance experiments of STP devices were conducted
using N2 or He as the working fluid. After the sunlight is concentrated by the concen-
trator, it directly heats the thruster. Layered heat insulation technology is used on the
outside of the thruster. A concentrator with an opening diameter of 1.6 m is used, the
heating temperature of the working fluid reaches 2300 K, and the specific impulse
with H2 as the reference reaches 800 s. as shown in Fig. 1.4. At present, molybdenum
and tungsten production in China can meet the working requirements of the thruster
through specific processing technology. This book preliminarily considers the use of
molybdenum or tungsten alloys for the thruster.

Li et al. [36] proposed an innovative design of Fresnel concentrator for Space
Solar Power Satellite (SSPS) based on fiber bundles, as shown in Fig. 1.5. It includes
planar Fresnel lens arrays for solar concentration, fiber optic bundles for transmitting
concentrated sunlight to photovoltaic panels, and highly modular interlayer modules

Fig. 1.4 Typical
single-crystal coaxial NAL
STP thrusters
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Fig. 1.5 Fresnel
concentrator based on fiber
bundle SSPS design

for power generation/transmission. In addition, designed with secondary homog-
enizer Fresnel concentrator, to obtain high concentrated on solar equipment than
the irradiance uniformity and good. The thermal analysis was carried out on the
mezzanine module, in order to verify whether the temperature fluctuations remain
within the design requirements, the results prove the feasibility of SSPS design.
However, for very large scale of Fresnel lens array attitude control and maintenance,
still need to complex configuration, such as satellite platforms more forms and more
advanced technology, as well as some effective deployment in space, the assembly
or manufacturing methods.

Zhou et al. [37] proposed a compact solar concentrator with integrated prism
and semi-parabolic trough mirror for efficient collection of solar energy in a limited
space, as shown in Fig. 1.6. The rotating prism is used to track sunlight, and the
incoming light is perpendicular to the aperture of the semi-parabolic groove mirror.
The radiant energy from the prism is then reflected and concentrated by the semi-
parabolic trough mirror, and finally absorbed by the receiving tube. Based on a strict
theoretical model, the tracking strategy is proposed and verified. The results show
that the tracking strategy can accurately track the sun under the condition of non-
parallel multispectral solar radiation. The geometric concentration ratio, geometric
parameters and row arrangement of the proposed solar concentrator are optimized.
The results show that the estimated annual solar thermal efficiency of the concentrator
is as high as 41.1%, which is 6.7% and 17.6% higher than that of the parabolic trough
concentrator and the flat plate concentrator, respectively. Therefore, the concentrator
has a better application prospect.
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Fig. 1.6 Parabolic trough solar condenser

Fan et al. [38] Aiming at the problems existing in the original SSPS concept,
a spherical secondary condenser design is proposed, as shown in Fig. 1.7. Bessel
curve is used to describe the geometry of the bus of the secondary condenser, and
Monte Carlo ray tracing method is used to evaluate the optical properties and energy
density distribution of the array. Then, a mathematical optimization model is estab-
lished and particle swarm optimization algorithm is used to obtain better secondary
condenser configuration, solar energy collection performance and energy density
distribution. The results show that when the order of Bessel curve is 5, the effective
solar energy collection and solar energy collection can reach 81.14% and 87.06%
respectively, and the energy density distribution can be further optimized, and the
relative unhomogeneity index of 0.4 can be achieved.

The U.S. Air Force Phillips Laboratory has completed testing of spiral-rhenium
tubular heat exchangers and thrusters [39]. The solar thermal propulsion unit is
capable of withstanding 20 kW of thermal power at a design temperature of 2778 K

Fig. 1.7 Spherical solar concentrator
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and producing a specific pulse of 810 s. The test device successfully operated for 65 h,
reached the highest gas temperature of 1810 K, and the specific impulse produced
could reach 650 s.

The surface area ratio of the absorber to the inlet should be large enough to make
the absorption cavity approach a blackbody. As planned, the surface area ratio of the
absorption cavity to the inlet of the US ISUS should reach 50:1 [40]. At present, there
are two main modes of STP: (1) particle bed pulsed thrust (PBPT), and (2) jacketed
continuous thrust (JCT). The ideal temperature distributions of the two modes are
different. The JCT mode requires the maximum energy flow to be distributed at
the outlet so that the working fluid can obtain the highest temperature there. The
improvement in PBPT performance lies in the rapid and uniform heating of the
entire absorber. Therefore, the design of the concentrator should be based on the
different requirements of the propulsion mode to make the distribution of the light
spots more reasonable and more conducive to improving the performance of the
thruster. The shape and structure of the absorber also require different adjustments
[41]. The surface structure of a material directly affects the absorption, reflectance,
and emissivity. The reflectance of the absorber material is a key factor affecting
the performance of the absorption cavity. Therefore, the inner wall of the absorber
needs to be polished or roughened to meet the needs of different propulsion modes
(polishing corresponds to the PBPT mode, and roughening corresponds to the JCT
mode). Surface roughening can increase the energy absorption rate of the innerwall of
the absorption cavity, which is mainly achieved by surface knurling treatment and the
addition of a carbon black chip coating [42]. At present, improving the processability
of materials and components is a key focus of absorber/thrust chamber research.

In 1996, Denise Stark et al. of the University of Alabama [43] performed exper-
imental evaluations on absorber and concentrator surfaces. For the PBPT and JCT
modes,many tungsten absorber sampleswere processed, the inner wall surfaceswere
polished and roughened to different degrees, and the temperature distributions of
various absorbers were tested using high-power concentrated light. The experimental
results showed that after surface treatment, the heating effect and performance of the
corresponding propulsion mode can be greatly improved. For the current research
plan, the JCT mode is mainly considered, the absorber structure is designed to be
conducive to sunlight absorption, and the surface is roughened.

Henshall from the University of Surrey established a ray trace model inside an
absorber based on fiber transmission and analyzed the light intensity distribution and
temperature gradient at the absorber wall [44]. In the simulation, it was assumed
that the interior of the absorber was totally reflective (100%), and monospectral light
was used. For the absorber configuration, the simulation results showed that the light
intensity at 5 mm along the wall is the maximum, and the temperature is also the
highest, as shown in Fig. 1.8. This analysis has important guiding significance for
the design of an optimal absorber structure.

To achieve a temperature above 2300 K for the propellant, the concentration
ratio of the concentrator needs to reach approximately 10,000:1. However, a single
primary concentrator can hardly meet this requirement, so the concentrator system
generally needs to be equipped with secondary concentrators. At present, there are
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Fig. 1.8 Ray trace model of the interior of the absorber

two main design schemes for secondary concentrators, namely, compound parabolic
concentrators (CPCs) and reflective secondary concentrators (RSCs) [45–47]. Due
to the considerable reflection and absorption losses of secondary CPCs, their output
efficiency is only approximately 65%. Compared with secondary CPCs, the greatest
advantage of RSCs is their high transmission efficiency. To reduce the requirement
of the primary concentrator on solar tracking accuracy, compensate for the resulting
loss of the concentration ratio, and improve the efficiency of the thrust chamber
in absorbing solar radiation as much as possible, an RSC is used as the secondary
concentrator in the STP system.

The RSC is prone to cracking at high temperature. The NASA John H. Glenn
ResearchCenter conductedhigh-temperature tests on two sapphireRSCs in2009, and
both sapphire RSCs separately cracked at 1300 and 649 °C, as shown in Fig. 1.9 [48].
Based on the measurement of the stress on the cross-section, the radial tensile stress
on the lens surface reached 44–65 MPa, and the analysis revealed that the damage
to the lens surface during processing and operation caused cracking. The second
concentrator was broken into two parts and discolored, i.e., the energy extractor
turned silver–gray, and the lens turned brown. When an RSC is used in a high-
temperature environment, it is prone to cracking. The cracking is random, which
requires strict processing requirements, and it is very difficult to manufacture a reli-
able and durable RSC. Integrated active cooling measures can be used to improve
the service life of RSCs.

Many innovative studies on STP technology have also been conducted in China.
Dai et al. conducted a preliminary simulation study on a photothermal conversion
mechanism, used the Monte Carlo method to trace rays, and analyzed the effect of a
quartz window on optical radiation absorption [49–53]. Only when the heat conver-
sion temperature is higher than the critical temperature under given concentration
conditions can the quartz window improve the heat conversion efficiency. The higher
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Fig. 1.9 Photos of ruptured RSCs under high-temperature tests at the NASA John H. Glenn
Research Center

the concentration ratio of the incident solar energy, the higher is the critical temper-
ature. The temperature distribution of the heat absorption cavity has a significant
impact on the heat conversion efficiency. The farther the temperature distribution
peak moves from the solar incident window, the higher the efficiency. Dai et al.
provided great reference value for absorber design and analysis.

1.2.2 High-Efficiency Heat Exchange Runners for Solar
Thermal Thrusters

An efficient heat exchange runner is the key to achieving a high specific impulse
for an STP system. The specific impulse of the propulsion system can be increased
by increasing the temperature of the propellant entering the nozzle. Because of its
simple structure and easy processing, the spiral runner is the most used structure in
foreign studies [54]. An increase in the length of the thrust chamber leads to a large
system volume, a complicated structure, and an increased mass, which reduces the
ability of the thruster to complete its tasks.

Ma et al. from Zhejiang University [57] studied the flow structure and heat
transfer characteristics in a rotating curved circular tube in depth and analyzed the
effects of different cross-sectional shapes and geometric parameters of the tube at
the inlet section and the fully developed section on the axial velocity distribution,
cross-sectional secondary flow structure, turbulent kinetic energy, friction ratio of
the curved tube, temperature distribution and Nusselt number. Their results provide
guiding significance on the design of a spiral runner as the heat transfer structure for
a solar thermal thruster. However, spiral runners still suffer from low heat transfer
efficiency.

With reference to the transpiration cooling of laminated structures, this book uses
a laminated runner with high-efficiency heat transfer to increase the heat transfer
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area between the working fluid and the thrust chamber wall through flow shunting
so that the working fluid can be fully heated in the thrust chamber. At the same time,
the working fluid flows from the low-temperature outer wall to the high-temperature
inner wall along the radial direction, which reduces the temperature of the outer wall,
reduces the heat loss of the thruster to the external environment, protects the wall
surface material, and improves the energy use efficiency of the system.

At present, laminate technology is mainly used for transpiration cooling in thrust
chambers of liquid propellant rocket engines. Laminated transpiration cooling can
limit the heat-affected zone to the dispersed flow zone, and due to the high fric-
tion of the control runner and the low friction of the dispersed flow zone, the effect
of local overheating of the heated wall on the control runner is small. Even when
local overheating occurs, the flow rate of coolant is basically constant, and the high-
temperature region due to the local overheating can be cooled to a normal level under
the action of stable transpiration cooling. Therefore, the possible local overheating
of general porous materials by transpiration cooling can be overcome, thus achieving
the reuse of heated parts. Due to the advantage of the laminated structure, the effi-
cient convective heat transfer between the working fluid and the high-temperature
laminates becomes safer and more reliable.

The US Aerojet Corporation has logged many achievements in laminate tech-
nology. In the mid-1990s, an attempt was made to develop a novel dual-fuel double
compression–expansion engine. The head of the thrust chamber used a laminated
mutual impinging jet injector. After the control runners and dispersed flow runners
for the coolant were etched out of a metal sheet, diffusion welding technology was
applied to form a nozzle with the laminated structure, which achieved a design
scheme of transpiration cooling of the thrust chamber wall with H2 as the coolant.
A ground thermal test confirmed that the use of tiny gaps in the metal laminates
for transpiration cooling can precisely control the transpiration cooling flow rate of
the propellant in the tiny gaps of each laminate, and a very small amount of H2 as
coolant can achieve effective cooling of chamber wall, which pushed the research
and application of laminated transpiration cooling technology to a new stage [60].

In China, research on the transpiration cooling technology using various types
of laminates began in the 1990s, with the main research focused on the thermal
protection of high-temperature aerospace devices.

Yu et al. from Northwestern Polytechnical University [62–64] conducted exper-
imental studies on the flow resistance characteristics of a scaled-up laminate model
in suction type and blowout type wind tunnels based on the similarity principle,
analyzed the influences of internal structural parameters of the laminates, including
open area, spoiler column shape, channel height, and spoiler column arrangement,
on the flow resistance characteristics, established an engineering calculation model
for the flow resistance characteristics of the laminated structure, studied the internal
heat transfer characteristics of some structures, and obtained the internal heat transfer
characteristics of some laminated structures.Yu et al. also used numerical simulations
to investigate in detail the complex flow and heat transfer patterns within the lami-
nates. Quan et al. [65] used experiments and numerical simulations to systematically
study the laminated cooling technology of turbine blades, designed and fabricated
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laminated test pieces with different open areas and internal structures, tested the
flow resistance characteristics and cooling effectiveness in a modified return wind
tunnel, and investigated the effects of the open area and shape of the spoiler post
on the flow resistance characteristics. Quan et al. designed and manufactured inlaid
laminated cooling blades with different turbulences, conducted experiments on the
flow resistance characteristics and cooling characteristics in a small cascade wind
tunnel for heat transfer, and investigated the internal flow and heat transfer patterns
of the laminated experimental parts under experimental conditions and real working
conditions of the blades by using the fluid–solid coupling heat transfer method.

Niu et al. [68] from Shanghai Jiaotong University studied the regenerative cooling
technology of liquid propellant rocket engines using laminates, established a mathe-
maticalmodel of the 2Dfluid–solid coupling heat transfer process in a thrust chamber
with regenerative cooling using laminates, investigated the 3D effect of the turbu-
lent flow heat transfer in a liquid propellant rocket with regenerative cooling using
laminates, proposed a 3D flow heat transfer calculation method in the regenerative
cooling channel of a liquid propellant rocket engine, and used this method to numer-
ically simulate the heat transfer process of regenerative cooling in a scaled-down
thrust chamber. For the first time in China, Niu et al. experimentally investigated the
flow and convective heat transfer characteristics of a regeneratively cooled channel
using large aspect ratio laminates, providing the necessary theoretical methods and
preliminary experimental basis for the design of a large aspect ratio regeneratively
cooled channel of the thrust chamber using laminates. Yang et al. [69] explored
the basic theory and practical application of laminated transpiration cooling from
the two perspectives of experimental research and theoretical analysis, conducted
experiments on the flow resistance characteristics of microchannels with curved
rectangular cross-sections adjusted by an adjustment plate of the laminated transpi-
ration coolant, studied the flow and heat transfer characteristics of coolant dispersed
runners with different geometric sizes, and established a numerical simulation of
the flow resistance characteristics of the adjustment channel. Yang et al. used the
fluid–solid coupling heat transfer method to analyze the heat transfer characteristics
of laminates in a thrust chamber with transpiration cooling, proposed the concept of
a thrust chamber with regenerative-transpiration dual-mode cooling, and offered a
scheme design, analysis and demonstration.

Based on an analysis of research methods on the temperature fields of porous
materials and laminated structures with transpiration cooling, Liu et al. from the
National University of Defense Technology [71] obtained a series of algorithms
for the steady temperature field of a thrust chamber with laminated structures by
reasonably processing the boundary conditions, proposed a computationalmodel and
calculation method for the unsteady 2D axisymmetric temperature field of a whole
chamber wall, and obtained rapid estimation, analytical calculation and numerical
calculationmethods for a chamberwall temperaturefieldwith laminated transpiration
cooling. In addition, to apply the stability theory to thin plates, Liu et al. proposed
that the laminated structure of a transpiration-cooled thrust chamber could suffer
thermal damage under certain working conditions. In 2008, based on microscale
theory, Zhang [73] numerically analyzed the heat transfer characteristics of dispersed
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runners, the evaporation and combustion rates of beaded transpiration of staggered
pores on the laminates, and the flow and combustion characteristics of a transpiration
medium in a staggered layered transpiration pore structure, performing studies on
thermomechanical coupling characteristics and test validations of typical laminated
structures with transpiration cooling to provide a theoretical basis and reference for
guiding the design of related mixers and combustion devices.

Control and dispersion laminates are usually very thin, and there are microscale
effects on flow and heat transfer in the channel. When the coolant inlet pressure is
constant, the coolant flow rate can be regulated by adjusting the actual flow distance
of the coolant in the primary and secondary control runners. The heat transfer of
high-temperature gas to the transpiration coolant is mainly performed in the disper-
sion runner. Therefore, investigating the microscale effects of flow and heat transfer
in laminated channels and studying the flow resistance characteristics of control
runners and the heat transfer characteristics of coolant in dispersion runners are
important for the safety of a thrust chamber. In microscale systems, the phenomena
exhibited by fluid flow and heat transfer are quite different from macroscopic large-
scale flows, and the interactions between fluids and surfaces are also considerably
different, which have garnered increasing attention from researchers in China and
abroad. When the characteristic size of a flow field is at the micron or submicron
level, the velocity slip and temperature jump, as well as thermal creep, electroki-
netic effects, viscous heating, anomalous diffusion or even quantum theoretical and
chemical effects, may dominate the fluid, resulting in anomalous microscale flow
phenomena. In general, the main factors affecting microscale flow and heat transfer
are different for gases and liquids. For gases, there are four important influencing
factors for the anomalous phenomena of flow and heat transfer: rarefaction effects,
compressible effects, viscous heating, and thermal creep. When studying microscale
gas flow characteristics, the rarefaction effect of gas is the main influencing factor,
while the flow of microscale liquid is mainly affected by the surface force and inter-
molecular force. Therefore, the influence of microscale effects needs to be consid-
ered in these microscale systems. Some factors that are negligible at the macroscale
become main influencing factors in a microscale system. For example, the ratio of
surface area to volume is a very important factor in the study of heat transfer; the
surface tension between a liquid and a solid wall has a direct impact on the flow
pattern and rate of liquid in microchannels.

In general, the structure ofmicrochannels is relatively simple, and the internal flow
is mainly laminar flow and can appear as turbulent flow at high Reynolds numbers.
At the beginning of the twentieth century, Knudsen, Gaede et al. conducted exper-
iments on gas flow in microchannels. However, because of the low precision of
experimental equipment and the limitations of experimental methods at that time,
the study of microscale channels was more of a qualitative analysis. With contin-
uous improvements in microelectromechanical system (MEMS) technology since
the late 1980s, researchers have conducted more detailed studies on the flow and
heat transfer characteristics in microchannels [74]. In the early 1990s, Pfahler et al.
and Harley et al. conducted experiments on gas flow inmicrochannels with Reynolds
numbers in the range 0.5 ≤ Re ≤ 20 and analyzed the effect of gas rarefaction on the
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outlet pressure drop and friction coefficient [75]. In 1993, Arkilic and Breuer [77]
conducted experiments on the flow of argon gas in a microchannel with L= 7.5 mm,
W = 52.25 µm, and H = 1.33 µm and obtained a set of high-precision data.

In 1995, Jiang from Tsinghua University [79] performed an experimental study
of liquid in microscale straight channels with a diameter of D = 8–42 µm; the
experimental results matched the theoretical calculations, and the flow conformed
to the macroscopic flow pattern. In 2001, Qin et al. from the University of Science
and Technology of China [80] conducted experiments on the flow of nitrogen and
helium in microcircular tubes with a diameters of D = 17.6–17.9 µm and lengths
of L = 10–70 mm, and the compressibility of gases at a low Mach number was
investigated. In addition, academician Zengyuan Guo of Tsinghua University [81]
has been committed to the study of microscale flow and heat transfer problems.
In 1997, Xiaobo Wu and Zengyuan Guo used numerical calculations to study the
flow and heat transfer characteristics in microtubes and proposed that the effect of
fluid compressibility on the velocity profile should be considered [82]. In 1999, Du
et al. [83] used numerical calculation to investigate the effects of pressure work and
viscous dissipation on the adiabatic flow characteristics of compressible fluids in
microtubes.

Boyd, Fan and Shen from the Institute of Mechanics of the Chinese Academy of
Sciences conducted an exploratory study on the gas flow in a microchannel using
the improved direct simulation Monte Carlo–information preservation (DSMC-IP)
method [84]. In 2004, Boyd et al. numerically simulated the flow of rarefied gas in
a microchannel using a continuous medium coupled with DSMC-IP and found that
the calculation results of the coupling method were significantly better than those
obtained by the continuous medium alone or the DSMC method alone.

In 2007, Qi from the Chinese Academy of Sciences [87] used the DSMC method
to simulate the flow and the heat transfer of a single-component gas and a two-
component gas mixture at the microscale, discussed the physical mechanism from
the perspective of molecular motion, and analyzed gas flow at the microscale and
rarefied gas flow at the conventional scale. To ensure the validity of the DSMC
method inmicroscale studies, the flow similarity conditionwas discussed. Numerical
simulations were performed for the flow in the microchannels and the flow in the
square cavity, and the basic flowproblemswere discussed and analyzed.On this basis,
the flow of the two-component gas mixture was studied, and the results showed that
the entry velocity of the gas had a significant impact on themixing distance of the two
gases and had a great impact on the proportion of a single gas after being completely
mixed.

In 2010, based on the concept of multirelaxation lattice Boltzmannmodels, Zheng
of the Huazhong University of Science and Technology [88] improved the lattice
Boltzmannmethod (LBM) in heat andmass transfer, studied the two key issues of the
LBM for microscale heat and mass transfer, and conducted useful explorations of the
frontiers ofmicroscale heat andmass transfer. Zhengproposed2boundary processing
formats, i.e., the boundary conditions for the combined equilibrium state and specular
reflection and combined equilibrium state and rebound, analyzed the LBM boundary
processing format for the flow and heat andmass transfer in a 2Dor 3Dmicrochannel,
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discovered the dispersion effect, and provided the corresponding correct processing
format. The basic model proposed based on theory successfully captured the anoma-
lous thermal creep phenomenon at themicroscale, and itwas found that the uncoupled
thermal model could not capture the thermal creep phenomenon.

In summary, the relevant technologies in other countries are mature, while STP
research in China has mainly focused on system design and flow field simulations,
with few experimental studies. There is a lack of in-depth studies on the key light-to-
thermal conversion configurations and high-efficiency heat transfer configurations.
To realize the application of this technology in ISUS systems, a large amount of
mechanistic research and specific innovative design work are still needed.

1.2.3 Solar Thermal Thruster Propellants

The most ideal propellant for STP systems is hydrogen because it has a molar mass
of 2 g/mol, and the obtained specific impulse is significantly higher than that of other
propellants under the same heating temperature. In early research on STP technology,
hydrogen was mostly used as the working fluid, and for the US ISUS system, a
comprehensive experimental and simulation study was conducted on hydrogen [89].

However, a large tank is needed for hydrogen storage (liquid storage density
of 71 kg/m3), and storage is difficult. The ISUS system requires a complex liquid
hydrogen storage and supply system. An MLI design is used for the storage tank
to prevent the pressure from deviating from the rated value, and a zero-gravity
thermodynamic vent system is used to integrate the liquid acquisition instrument
to achieve the subcooling effect. Therefore, a pressurization system is not needed.
Liquid hydrogen is completely converted to hydrogen gas through heat exchange
inside the system, so there is no two-phase flow. The system includes a liquid
hydrogen regulator and preheater; the designed mass flow rate is 1.667 g/s, and
the inlet pressure is 0.2 MPa. This supply system is of high mass, accounting for a
large proportion of the ISUS system’s mass, which is the main factor restricting the
application of hydrogen as propellant [91].

Ammonia has a moderate molar mass of 17 g/mol and a storage density of 600 kg/
m3, and the technologies needed for liquid ammonia storage are simple and low in
cost. Since the current liquid hydrogen storage technologies are immature, the use of
ammonia as a propellant is an ideal choice. At the working temperature of the STP
system, themixture after ammonia dissociation is composed of atoms andmolecules,
and the existence of ions can be completely ignored due to the low temperature (less
than 3000 K). For vibrational excitation, only nitrogen molecules and hydrogen
molecules are considered, and they have stable vibrational excitation levels. Using
the multitemperature model is an effective method, and the calculation volume is
acceptable. For ionized flow in thermochemical nonequilibrium, a complete theo-
retical model is developed using the dual-temperature or triple-temperature model.
A weakly ionized flow is often used in the simulation of nonequilibrium, ionized,
hypersonic flow, and most work has studied the dissociated, ionized air flow through
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a dual-temperature physical model. Using a multitemperature model for numerical
simulation of the dissociated flow of ammonia working fluid in a STP system is more
accurate, and in-depth simulations and experimental studies on the reaction kinetics
of the ammonia dissociation reaction have been conducted in other countries and
provided rich dissociation reaction models.

In 1990,Davidson et al. conducted a series of high-temperature dissociation exper-
iments of ammonia with a temperature range of 2200–3200 K and the pressure range
of 0.8–1.1 atm [96]. Under this condition, ammoniawas completely consumedwithin
a residence time of 1 ms. Using the narrow linewidth laser absorption mechanism,
the variation patterns of NH and NH2, the high-temperature dissociation products
of ammonia in the shock wave, were measured. A detailed mechanistic model of
ammonia dissociation at high temperature was established, including 21 radical reac-
tions, and the rate constants of the main reactions were determined. These studies
are of great guiding significance for the analysis of intermediate products (NH, NH2,
N2H2, etc.) in ammonia dissociation.

In 2000, Konnov A A et al. [97] investigated a kinetic model of high-temperature
ammonia dissociation. The key chemical reactions that determine the modeling
quality were identified through sensitivity analysis, and the selection of reaction
rate constants was investigated. Results showed that only a great reduction in the
rate constant for the reaction NH3 + NH2 ↔ N2H3 + H2 could improve the agree-
ment of the model results with the experimental data, and in the temperature range
of 2200–2800 K, the optimal rate constant for such reaction should be taken as
k = 1.0 × 1011T 0.5e−21600/(RT ). Results showed that if the reaction NH3 + NH2

↔ N2H3 + H2 was used and the reactions with N2H3 and N2H4 were considered
in the reaction mechanism, the calculation of rise time and peak values of the NH
and NH2 components would be greatly affected. Meanwhile, since N2H3 and N2H4

account for a very small proportion of the ammonia dissociation products, reactions
involving N2H3 and N2H4 were excluded.

In 1996, A. Chambers et al. studied the decomposition characteristics of ammonia
in the coal gas atmosphere of a gasifier [98] and compared them with the decompo-
sition of ammonia in a helium atmosphere. Studies have shown that calcium oxide
can accelerate the decomposition of ammonia in a helium atmosphere, especially
the chemical reactions of NH3 and NO. The typical gas composition of a helium
atmosphere and gasifier atmosphere was studied at 900 °C. The calcium oxide in
the gasifier atmosphere lost its catalytic activity, the increase in the total pressure
could further reduced the ammonia decomposition rate, and the calcium oxide in the
gasifier atmosphere enhanced the conversion of NO to NH3.

In 2001, Monnery et al. [99] studied the high-temperature dissociation and oxida-
tion mechanisms of ammonia at the Claus furnace temperature, and the reaction
rate equations for the high-temperature dissociation and oxidation of ammonia were
improvedwith the obtained experimental data. Thematching degree of the calculated
high-temperature dissociation reaction rates and the experimental data was within
13%, and the matching degree of the calculated ammonia oxidation reaction rates
and the experimental data was within 10%.
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In 2004, Allison et al. [100] studied a pulsed inductive thruster (PIT) using
ammonia as a propellant, performed numerical simulations using a dual-temperature
thermochemical model, extended the use range of the original magnetohydrody-
namics codes in terms of temperature and density, and compared the results with
other models in terms of propellant components and thermodynamic properties.

In 2006, Gianperio Colonna et al. [101] investigated the flow in a nozzle using
ammonia as a propellant. A kinetics model of ammonia flow in a supersonic nozzle
was established, and the performance of the thruster was found to depend on the
degree of ammonia dissociation. For the ammonia dissociation, 2500 K is the
cutoff point. At a temperature < 2500 K, the ammonia dissociation is very slow,
and the internal states are basically ignored. At temperatures of 3000–5000 K, the
dissociation and vibrational excitation energy of ammonia become very important.

In 2006, Bock et al. [102] designed and experimentally validated an ammonia
propellant supply system for a 1 kW thermal arcjet thruster and provided a design
formula for the flow channel diameter based on a numerical model and experiments
in a vacuum, which has important reference significance for the ammonia supply
systems of solar thermal thrusters.
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Chapter 2
Physical Modeling and Basic Methods

2.1 Introduction

Asolar thermal propulsion (STP) system is composed of a concentrator, a thruster and
a propellant supply system. To improve the heat exchange efficiency of the system,
an integrated structure of regeneratively cooled concentrator and thrust chamber is
proposed in this chapter, and the numerical methods required for the simulations are
also provided.

2.2 Physical Model of Solar Thermal Thrusters

2.2.1 Model of Solar Concentrator Performance

The concentrator is a main component of an STP system. At present, in China and
abroad, a compound parabolic concentrator (CPC) is mostly used as the primary
concentrator, a refractive secondary concentrator (RSC) is used as the secondary
concentrator, and the temperature of the converging spot is increased by two-stage
light concentration. The CPC uses a multiaxis rotating heliostat to reflect sunlight to
the concentrator and improve the system’s ability to track the sun. The RSC is placed
at the focus of the parabola, and the solar radiation concentrated by the concentrator
directly heats the absorber/thrust chamber.

The relationship between equilibrium temperature of the solar thermal absorber
Tr and the concentration ratio C is [37]:

Tr =
[
(ηo − ηc)I

σε

] 1
4

C
1
4 (2.1)
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The equilibrium temperature of the absorber Tr is a function of incident radiation
intensity I, condensation ratio C, optical efficiency ηo, and collection efficiency ηc.
Since the characteristics of the radiation energy emitted by the sun and the spatial
relationship between the sun and the Earth basically remain unchanged, the solar
radiation flux density outside the Earth’s atmosphere is generally fixed, that is, the
solar radiation intensity I = 1360 W/m2. Optical efficiency ηo is the ratio of the
heat absorbed by the absorber to the incident energy, and collection efficiency ηc
is the ratio of the absorbed heat of the working fluid to the incident energy. σ =
5.6697×10−8 W/(m2·K4) is the Stephan–Boltzmann constant, and ε is the emissivity
of the absorber. The relationship between absorber equilibrium temperature Tr and
the concentration ratio C is shown in Fig. 2.1.

The maximum concentration ratio is

Cmax = n

sin2 θsun
(2.2)

where θsun is the sun half-acceptance angle (0.25°), and n is the refractive index of
the environment.

With the entrance aperture of the absorber as the receiving surface, the concen-
tration ratio at boundary angle of the concentrator being � can be expressed
as

Cmax = sin2 � cos2(� + θsun)

sin2 θsun
(2.3)
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Fig. 2.1 Relationship between the absorber equilibrium temperature and concentration ratio
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Fig. 2.2 Relationship between total concentration ratio and boundary angle

The boundary angle of the primary concentrator is in a range of 10–30°; thus, the
secondary concentration ratio is in the range of 4–36. There is an optimal value that
maximizes the concentration ratio after the second concentrator, and the temperature
distribution of the secondary concentrator should also be considered. The relation-
ship between the total concentration ratio after the two-stage concentration and the
boundary angle is shown in Fig. 2.2.

Therefore, by using the secondary concentrator, a larger concentration ratio can
be obtained with a smaller boundary angle. If the obtained concentration ratio is too
large (30,000–40,000), the theoretical temperature of the focal spot could be above
5000 K, and the material cannot withstand such a high temperature. In fact, the light
could diverge in the absorption cavity, and the exit area of the secondary concen-
trator is not the area corresponding to the concentration ratio, while the surface area
of the absorption cavity is the corresponding area in the calculation of the concentra-
tion ratio. Therefore, such high temperatures cannot be reached in practice. Through
calculation, the actual concentration ratio is approximately 8000–10,000. In this
way, a total concentration ratio that meets the requirements of an STP system can be
obtained, and the temperature is within the tolerance of the material. For example, in
the STP device developed by the Japan National Laboratory, the theoretical concen-
tration ratio of the concentrator is approximately 8600, and the focal spot temperature
obtained in the experiments is 2200 K.
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2.2.2 Structure of Integrated Regeneratively Cooled
Concentrator and Thrust Chamber

The solar thermal thruster is divided into modules, including an absorber, heat
exchanger core, nozzle, and heat insulation layer, and uses radiation heat transfer
and convective heat transfer to heat the propellant. The design of the thrust chamber
includes optical links to guide sunlight into the thrust chamber and configurations of
propellant absorption, energy deposition, and thrust generation.Under the constraints
of high-efficiency deposition of working fluid from energy and high-efficiency
conversion of working fluid energy to thrust, the optical link is tightly coupled
with the configurations of the working fluid injection channel, heating chamber, and
thruster, with mutual influences. The configuration design of the high-efficiency heat
exchange runner with the laminates and the integrated design of the regeneratively
cooled concentrator and the thrust chamber are both important means to improve the
heat exchange efficiency of the system.

The regenerative coolingmethod is used tomake the propellant flow in the absorp-
tion cavity before entering the high-temperature heat exchange runner, so the RSC
is cooled to a certain extent and the propellant is preheated, which improves the use
efficiency of solar energy. The integrated design of the RSC and the thrust chamber
is shown in Fig. 2.3a. After the propellant enters the absorption cavity, the flow is
evenly divided through a porous sleeve so that the propellant can evenly cool the
RSC and simultaneously heat the propellant. The propellant flow route is shown in
Fig. 2.3b.

Under the designed working conditions, the temperature and pressure variation
curves of the propellant flowing through each component region are shown inFig. 2.4.

The special lateral threaded surface can effectively reduce the reflection of sunlight
on the inner wall of the inner cylinder, and the heat absorption efficiency is improved
by the spectrally selective absorption coating. Transition metals and semiconductor
materials have intrinsic selective solar absorption properties. Among them, HfC has
a high absorption value in the solar spectral region and a high melting point; there-
fore, it can be used to form a solar radiation absorption surface at high temperature.
In addition, surface texturing is an effective technique for the selective capture of
solar energy. It is accepted that a properly textured surface is rough relative to the
solar wavelength and thus can absorb more solar energy. For example, wrinkling
the surface into a series of “V” shapes can increase the solar absorptivity to close
to 1. Wire meshes, grooves, and electrodeposition coatings on mechanically rough-
ened surfaces, the evaporation of semiconductors under partial vacuum, and surface
roughening by sputtering and chemical vapor deposition (CVD) all can texture the
surface to enhance sunlight absorption.
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Fig. 2.3 Integrated design of the regeneratively cooled RSC and the thrust chamber and the
propellant flow route

Fig. 2.4 Temperature and
pressure variation curves of
propellant flowing through
each component region

2.2.3 STP System Parameters

The STP system is mainly composed of a sunlight collection and transmis-
sion subsystem, an absorber/thrust chamber subsystem, and a propellant supply
subsystem, and a design scheme is shown in Fig. 2.5. According to the design
requirements, after the sunlight is converged by the two-stage concentrators, the
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Fig. 2.5 Schematic diagram of the experimental STP system

temperature of the heated hydrogen working fluid must reach 2000 K or higher, the
specific impulse should reach 800 s, and the thrust should be no less than 0.5 N.
During the ground test, the solar thermal thruster and the secondary concentrator are
both placed in the vacuum chamber. After the primary concentration, the sunlight
passes through the quartz glass on the vacuum chamber, converges again by the
secondary concentrator, and enters the absorption cavity to heat the thruster. The
propellant supply system has two routes including purging gas N2 and propellant
H2.

The performance of the thruster is measured by a specific impulse [103]:

Isp = F

ṁg
(2.4)

where F is the thrust of the thruster and ṁ is the mass flow rate of the propellant.
The thrust is defined as:

F = ṁue + (pe − pa)Ae (2.5)

where

ue =
√

2γRTc
(γ − 1)M

[
1 − (

pe
pc

)
γ−1
γ

]
(2.6)
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The specific impulse can be expressed as:

Isp =
√

2γRTc
(γ − 1)g2M

[
1 − (

pe
pc

)
γ−1
γ

]
(2.7)

When pe = pa, the thruster power is:

P = 1

2
Fue (2.8)

Through the calculation and comparison of thruster parameters under different
thrust chamber pressures, the determined thrust chamber parameters are shown in
Table 2.1. Under two different solar powers, 5.6 kW and 6.0 kW, the working fluid
ammonia temperature in the thrust chamber reaches 2368K and 2557K, respectively.
The heat transfer efficiency of the former thruster is 89.8%, and the thrust and specific
impulse are 0.575 N and 335.3 s, respectively. The heat transfer efficiency of the
latter thruster is 88.1%, and the thrust and specific impulse are 0.575 N and 339.2 s,
respectively.

Table 2.1 Thruster design parameters

Parameters Working condition I Working condition II

Ammonia inlet pressure/ × 105 Pa 8 8

Ammonia inlet temperature/K 300 300

Diameter of primary concentrator/m 2.30 2.38

Solar power/kW 5.6 6.0

Nozzle throat diameter/mm 0.9 0.9

Angle of expansion of nozzle expansion section/(°) 15 15

Expansion ratio of nozzle expansion section 100 100

Temperature in thrust chamber/K 2368 2557

Thrust/N 0.575 0.575

Specific impulse/s 335.3 339.2

Mass flow rate/ × 10–4 kg/ 1.75s 1.73

Heat transfer efficiency/(%) 89.8 88.1

Nozzle efficiency/(%) 96.0 96.0

Thruster efficiency/(%) 86.2 84.6
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2.3 Numerical Calculation Methods

2.3.1 Flow Control Equations

The basic control equations of fluid motion, the Navier–Stokes equations, are abbre-
viated as NS equations. In the Cartesian coordinate system, the 3D conservation form
of an NS equation can be written as:

∂Q

∂t
+ ∂E

∂x
+ ∂F

∂y
+ ∂G

∂z
= ∂Eu

∂x
+ ∂Fv

∂y
+ ∂Gw

∂z
(2.9)

where

Q =

⎡
⎢⎢⎢⎢⎢⎣

ρ

ρu
ρv
ρw
Et

⎤
⎥⎥⎥⎥⎥⎦
E =

⎡
⎢⎢⎢⎢⎢⎣

ρu
P + ρu2

ρuv
ρuw

(P + Et)u

⎤
⎥⎥⎥⎥⎥⎦
F =

⎡
⎢⎢⎢⎢⎢⎣

ρv
ρuv

P + ρv2

ρvw
(P + Et)v

⎤
⎥⎥⎥⎥⎥⎦
G =

⎡
⎢⎢⎢⎢⎢⎣

ρw
ρuw
ρvw

P + ρw2

(P + Et)w

⎤
⎥⎥⎥⎥⎥⎦

Eu =

⎡
⎢⎢⎢⎢⎢⎣

0
τxx

τxy

τxz

uτxx + vτxy + wτxz + qx

⎤
⎥⎥⎥⎥⎥⎦
Fv =

⎡
⎢⎢⎢⎢⎢⎣

0
τxy

τyy

τyz

uτxy + vτyy + wτyz + qy

⎤
⎥⎥⎥⎥⎥⎦

Gw =

⎡
⎢⎢⎢⎢⎢⎣

0
τxz

τyz

τzz

uτxz + vτyz + wτzz + qz

⎤
⎥⎥⎥⎥⎥⎦

where u, v, and w represent the velocities in the x, y, and z directions, and P and
ρ represent the pressure and density of the fluid, respectively. The total energy of
the unit mass of fluid is Et = ρ

[
e + 1

2 (u
2 + v2 + w2)

]
, and e is the specific internal

energy of unit mass of fluid. In each vector, the specific expressions of shear stress
τij and heat transfer term qi are as follows:

τxx = μ

[
−2

3
(∇ · −→

V ) + 2
∂u

∂x

]

τyy = μ

[
−2

3
(∇ · −→

V ) + 2
∂v

∂y

]
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τzz = μ

[
−2

3
(∇ · −→

V ) + 2
∂w

∂z

]

τxy = τyx = μ

[
∂u

∂y
+ ∂v

∂x

]

τxz = τzx = μ

[
∂u

∂z
+ ∂w

∂x

]

τyz = τzy = μ

[
∂v

∂z
+ ∂w

∂y

]

∇ · −→
V = ∂u

∂x
+ ∂v

∂y
+ ∂w

∂z

qx = −λ
∂T

∂x
, qy = −λ

∂T

∂y
, qz = −λ

∂T

∂z

where λ is the heat transfer coefficient of the fluid and T is the temperature of the
fluid.

For a perfect gas, the internal energy is only a linear function of temperature,
e = 1

γ−1 · P
ρ
, where γ is the specific heat ratio of the gas. These equations plus the

perfect gas equation P = ρRT form a closed system of equations.

2.3.2 Turbulence Model

In the turbulent flow region, the turbulent kinetic energy and turbulent flow stress
equations, which reflect the effect of the pulsation of turbulent flow on the flow field,
can be obtained through the achievable k − ε equation:

ρ
∂k

∂t
= ∂

∂xi

[(
μ + μt

σk

)
∂k

∂xi

]
+ Gk + Gb − ρε − YM (2.10)

ρ
∂ε

∂t
= ∂

∂xi

[(
μ + μt

σε

)
∂ε

∂xi

]
+ ρC1Sε − ρC2

ε2

k + √
vε

+ C1ε
ε

k
C3εGb (2.11)

where ε is the dissipation rate of turbulent kinetic energy; Gk is the contribution of
the average velocity gradient to the turbulent kinetic energy generation term k; Gb is
the contribution of buoyancy to the turbulent kinetic energy generation term k, and
the effect of gravity is not considered in this book, soGb = 0; YM is the contribution
of the pulsating expansion of the compressible flow to the total dissipation rate;

C1 = max
∣∣∣0.43, η

η+5

∣∣∣, η = Sk/ε; and C1ε, C2, σk , and σε are empirical constants,

with the values of C1ε = 1.44, C2 = 1.9, and σk = 1.0, σε = 1.3.
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2.3.3 Heat Transfer Model of Solids

The energy transport equation is used for the solid region, the heat conduction of the
solid structure satisfies Fourier law [105], and the differential equation in the steady
state is:

∂2T

∂xj∂xj
= 0 (2.12)

where T is the solid temperature.
The energy balance equation based on the finite element method is expressed as

[K]{T } = {Q} (2.13)

where [K] is the transfer matrix, including the thermal conductivity and convective
coefficient; {T} is the vector of nodal temperature; and {Q} is the vector of nodal
heat flow rate.

2.3.4 Radiation Heat Transfer Model

When a ray is transmitted in a medium, its energy is gradually attenuated due to
the absorption and scattering of the medium. For a beam transmitting along the x
direction, the spectral radiation intensity is Iλ. According to Beer’s law, the spectral
radiation intensity attenuates exponentially along the travelled distance [108]:

Iλ,L = Iλ,0 exp

⎡
⎣−

L∫
0

βλ(x)dx

⎤
⎦ (2.14)

where Iλ,L is the spectral radiation intensity at x = L; Iλ,0 is the spectral radiation
intensity at x = 0; and βλ is the spectral attenuation coefficient, in units of 1/m, and
is composed of two parts, namely,

βλ(x) = κλ(x) + σsλ(x) (2.15)

where κλ is the spectral absorption function and σsλ is the spectral scattering function.
The RSC is made of a single-crystal sapphire, which absorbs little energy from

the solar spectrum. A single-crystal material is theoretically transparent for all solar
spectra with wavelengths less than 5μm; that is, there is no absorption loss; however,
a solar spectrum with wavelengths greater than 5 μm could be absorbed by a single-
crystal material, causing an energy loss of approximately 0.5%. For this part of
the solar spectrum and infrared radiation, the RSC is a non-gray semitransparent



2.3 Numerical Calculation Methods 29

material. Therefore, to simulate this radiation heat transfer process, a simplified two-
stage spectral band model can be used, i.e., a 5 μmwavelength as the cutoff point of
the spectral band.

The RSC medium is at position s, and the radiative transfer equation along the
radiative transfer direction h is

dIλ(s,h)

ds
= −βλ(s)Iλ(s,h) + Sλ(s,hi) (2.16)

where βλ is the attenuation coefficient, representing the sum of the absorption spec-
trum and the scattered emission spectrum. Sλ is the radiation source function, which
includes the emission source and the scattering sources due to the incidence in all
directions in space, and the dominant one is the incident and concentrated sunlight.
Then,

Sλ(s, s) = κλ(s)Ibλ(s) + σsλ(s)

4π∫
�i=4π

Iλ(s, si)�λ(si, s)d�i (2.17)

The RSC interface is a selective interface. For a solar spectrum less than 5μm, the
spectral radiation intensity on 2 sides of the interface is equal; for a solar spectrum
greater than 5 μm, the radiation intensity at the interface is the sum of two parts: one
is the transmitted part of the radiation projected from the environment, and the other
is the reflected radiation at the interface on the medium side. Since the interface is a
specular surface, then

I+(0, μ) =
(
nm
no

)2

(1 − ρs
o)Io(0, μi) + 2ρsI−(0,−μ) (2.18)

whereμi = cos θi, θi is the incident angle of the radiation projected from the environ-
ment, n is the refractive index, the subscript o represents the outside of the interface,
the subscript m represents the inside of the interface, and ρs represents the specular
reflectance.

The differential equation of unsteady heat transfer between the RSC and the
absorber wall is expressed as

ρc
∂T

∂τ
= 1

r
· ∂

∂r

(
λr

∂T

∂r

)
+ 1

r2
· ∂

∂ϕ

(
λ

∂T

∂ϕ

)

+ ∂

∂z

(
λ

∂T

∂z

)
(2.19)

where λ is the thermal conductivity, ρ is the density, and c is the specific heat of the
material.
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In this book, the discrete ordinate (DO) radiation model and the fluid–solid
coupling method are used to simulate the radiation heat transfer process and the
propellant flow process in the absorber cavity. Because there is mediumflow between
the radiation surfaces, theRSC is a non-gray semitransparentmedium that also partic-
ipates in the transmission and absorption of solar radiation. In addition, the emission
and absorption of solar radiation need to use the non-gray medium model. The DO
model can use the gray band model to calculate the radiation of non-gray medium,
thus simplifying the calculation; therefore, the DO radiation model is better suited
to solve this problem. The DO method, also known as the SN method, converts the
transfer equation (for blackbodyor spectrum-based) into a series of partial differential
equations, which can be applied in theory with any order and precision.

The DO method is based on the discretization of the directional change in the
radiation intensity, and the solution is obtained by solving the radiation transfer
equations in a series of discrete directions on the solid angle covering the entire
global space (4π).

In a 3D Cartesian coordinate system, using the DO method, the integral term at
the right end of Eq. (2.17) is approximately replaced by a numerical integration, and
the radiation transfer equation is solved in the discrete direction, that is,

ξm ∂Imk
∂x

+ ηm ∂Imk
∂y

+ μm ∂Imk
∂z

= −βk I
m
k + κk Ibk(s)

+ σsk

4π

[
N�∑
l=1

wlI lk�
m,l
k

]
(2.20)

where the values of direction cosine of the radiative transfer direction ξm, ηm, μm

and the integration constant wl are subject to certain conditions; the superscript
l,m represents the discrete lth and mth solid angles along space direction, l, m =
1, 2, . . . , N�; N� is the total number of solid angles that are discrete in the 4π
space direction; and�

m,l
k = �k(�

m,�l) is the discretized scattering phase function.
For the opaque boundary wall surface with diffuse emission and diffuse reflection

(the subscript w represents the wall surface), the corresponding boundary condition
is

Ik,w(s) = εk,wIbk,w

+ 1 − εk,w

π

∫
nw ·si<0

Ik,w(si)|nw · si|d�i (2.21)

where εk,w is the wall band emissivity and n is the wall normal vector.
If the refractive index of the medium nk = n = 1, Eq. (2.21) is discretized to

obtain

Imk,w = εk,w
σBk,TwT

4
w

π
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+ (1 − εk,w)

π

∑
nw ·sl<0

wlI lk,w|nw · sl | (nw · sm > 0) (2.22)

Bk,Tw =
∫

�λk

Ebλ(Tw)dλ/

⎡
⎣

∞∫
0

Ebλ(Tw)dλ

⎤
⎦ (2.23)

where Bk,Tw is the proportion of radiation energy in region k of the spectral band
model in the total radiation energy at the wall temperature Tw.

As shown in Fig. 2.6, the direction vector rm is used to define the center of each
solid angle, the subscripts E, W, S, N, T, and B represent the center nodes of each
control body adjacent to the control body P, and the subscripts e, w, s, n, t, and b
represent the boundaries of control body P, so the integral equation on the control
body can be expressed as

ξmAx(I
m
k,e − Imk,w) + ηmAy(I

m
k,n − Imk,s) + μmAz(I

m
k,t − Imk,b)

= −βk I
m
k,PVP + κk Ibk,PVP + σsk

4π

[
N�∑
l=1

wlI lk,P�
m,l
k

]
VP (2.24)

where VP is the control body volume, and VP = AxAyAz.
In radiation heat transfer, the nth order moment is generally defined as

∫
�=4π

f (s)snd� (2.25)

Then, the zero-order moment and the first-order moment can be expressed as
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Fig. 2.6 Calculation model of the DO method
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∫
�=4π

f (s)d�
∫

�=4π

f (s)sd� (2.26)

Let f (s) = I(s); then, the zero-order moment and first-order moment can be
expressed as the projected radiation H and radiation heat flux q, respectively, as

H =
∫

�=4π

I(s)d� q =
∫

�=4π

I(s)sd� (2.27)

The corresponding discrete equations are

H =
N�∑
l=1

wlI l q =
N�∑
l=1

wlI lsl (2.28)

The discrete equation of the net heat flux of wall radiation is

qrw =
∞∫
0

ελ,w
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⎤
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=
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(
Bk,TwσT

4
w −

N�/2∑
l=1

wlI lk,w|nw · sl |
)

(2.29)

whereMb is the total number of spectral bands divided by the radiation characteristics
versus wavelength in the spectral band approximation method.

2.3.5 Thermal Stress Model of RSC

Due to the uneven heating of RSCs, thermal stress can be generated inside the RSCs.
If the thermal stress is too large, the RSCs can crack. The stress should satisfy the
following coordination equation [111]:
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The stress component acting on each surface should satisfy the following
equilibrium differential equation:
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(2.31)

where σxx, σyx, and σzx are the stress components on the microelement area dydz; σyx,
σyy, and σyz are the stress components on the microelement area dzdx; σzx, σzy, and
σzz are the stress components on the microelement area dxdy; ux, uy, and uz are the
displacement components at a certain point during deformation; and X, Y, and Z are
the volume force components.

Strain is the sum of two parts: one part is due to temperature change, and the other
part is due to stress. According to Hooke’s law,
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εxy = σxy

2G
, εyz = σyz

2G
, εzx = σzx

2G
(2.33)

where�s = σxx+σyy+σzz , E is the longitudinal elastic modulus of the material,G is
the shear modulus of elasticity, ν is the Poisson’s ratio, and the relationship between
elasticity coefficients is 2G = E/(1 + ν).

The stress coordination equations are
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2.3.6 Chemical Kinetics Model

For the chemical reaction of a multicomponent gas mixture, the general expression
for the elementary reaction in the system can be expressed as [111]:

n∑
i=1

νi′Zi k+←→
k−

n∑
i=1

ν
′′
i Zi (2.35)

where Zi represents any component in the system, νi′ and ν
′′
i are the stoichiometric

coefficients (or stoichiometric moles) of the reactant and the product, respectively,
and k+ and k− represent the rate constants for the forward reaction and reverse
reaction, respectively. The forward and reverse reaction rate equations are as follows:

d[Zi]
dt
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∏
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[Zi]νi ′ (2.36)

and
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Therefore, the net production rate of any component is
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The equilibrium constant is defined as

Keq = k+
k−

=
∏
i

[Zi]∗ν
′′
i /

∏
i

[Zi]∗νi ′ (2.39)

The reaction rate is calculated by the Arrhenius equation:

k = AT δe−Eα/RT (2.40)

whereA is a preexponential factor,Eα is the activation energy, and δ is the temperature
index.

The reverse process of the reaction canbe calculated from theprinciple of chemical
equilibrium:

Kr = Kd

Keq
(2.41)



36 2 Physical Modeling and Basic Methods

where Kd is the forward reaction rate and Keq is a chemical equilibrium constant,
which are determined by

ln(Keq) = K∞ + Kp

(
1000

T

)qp

+ Kee
− T

qe (2.42)

2.4 Boundary Conditions

The flow boundary conditions: The propellant inlet pressure is 0.8 MPa, the inlet
temperature is 300 K, and vacuum is at the nozzle exit.

Temperature boundary conditions: The STP system has a high specific impulse.
When hydrogen is used as the working fluid, the specific impulse can exceed 800 s,
the corresponding propellant temperature can reach above 2300 K after heating, and
the solar radiation power on the inner wall of the heat exchanger core is 1.2× 106 W/
m2. On the low-temperature side, the thermal insulation on the outside of the thruster
is considered, so an adiabatic condition is set. The focus is placed on the fluid–solid
coupling effect of the laminates.

At the fluid–solid coupling interface, the standard wall function is used to treat the
flowboundary layer and thermal boundary layer. Theflowvelocity and temperature at
the first internal node P parallel to the wall should satisfy the logarithmic distribution
law, and the equivalent viscosity coefficient and equivalent thermal conductivity
between node P and the wall are obtained:

μt =
[
yP(c1/4μ k1/2P )

ν

]
μ

ln(Ey+
P )/κ

(2.43)

λt = y+
P μcP

σT [ln(Ey+
P )/κ + P] (2.44)

where the von Karman constant κ = 0.4−0.42, a constant cμ = 1
A0+ASU ∗ k

ε

, σT

is the turbulent Prandtl number, and σL is the molecular Prandtl number, P =
9
(

σL
σT

− 1
)(

σL
σT

)−1/4
.

From this, the shear stress and heat flux at the wall can be calculated.
The value of kP on interior node P can still be calculated according to the equation

of turbulent kinetic energy k, and the boundary condition is taken as
(

∂k
∂y

)
W

= 0,

where y is the coordinate perpendicular to the wall. After kP is known, εP can be
obtained.

εP = c3/4μ k3/2P

κyP
(2.45)
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Chapter 3
Model and Parameter Calculation
for a Solar Thermal Thruster operating
under Variable Working Conditions

3.1 Introduction

The main advantage of a solar thermal thruster system operating under variable
working conditions is that the thruster can work under different conditions and
provide different thrusts, which shortens the response time of orbital maneuver and
attitude control and has the advantages of a clean energy source, high reliability, and
multiple reuses.

To meet the requirements for variable thrust, a solar thermal thruster system
operating under variable working conditions can change the thrust by changing the
incident solar energy and the flow rate of the propellant/working fluid. This chapter
mainly introduces the research object—a solar thermal thrustermodel, and calculates
and analyzes the relevant performance parameters of the thruster according tomission
requirements.

3.2 Energy Conversion Mechanism for a Solar Thermal
Thruster

A schematic diagram of a solar thermal thruster system operating under variable
working conditions is shown in Fig. 3.1. The propellant/working fluid is heated by
indirect heating. The sunlight is focused by the primary and secondary concentrators
and then radiates on the heat exchanger core to raise the temperature of the inner
wall. The heat is transferred to the propellant/working fluid through a laminated
heat exchanger core in the forms of heat conduction and convection, and as the
temperature of the propellant/working fluid increases, the working fluid is forced
through the nozzle, converting the internal energy of the working fluid into kinetic
energy to generate thrust.

© National University of Defense Technology Press 2025
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Fig. 3.1 Schematic diagram of the principle of solar thermal propulsion (STP)

The thruster concentrator system mainly includes primary concentrators and
refractive secondary concentrators (RSCs) that focus low-density solar energy into
high-density solar energy. The propellant supply system mainly consists of propel-
lant tanks, related pipelines and valves that store and supply propellant. The heat
absorber/thrust chamber system mainly consists of a laminated heat exchanger core
and a nozzle; the core absorbs the solar energy gathered by the secondary concentrator
and then heats the propellant/working fluid, while the nozzle converts the thermal
energy of the working fluid into mechanical energy to generate thrust.

3.3 Solar Thermal Thruster Operating Under Variable
Working Conditions

The overall structure of a solar thermal thruster operating under variable working
conditions is shown in Fig. 3.2. The thruster design uses regenerative cooling tech-
nology to cool the secondary concentrator, and the proposed design uses the lami-
nated heat exchanger to perform high-efficiency heat exchange for the propellant/
working fluid. Figure 3.3 shows the flow route of the propellant in the thruster. After
the propellant enters the thruster from the inlet, it flows through a porous sleeve
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Fig. 3.2 Overall structure of
a solar thermal thruster
operating under variable
working conditions

to evenly distribute the propellant around the concentrator and then sequentially
flows through the upper part and lower energy output part of the secondary concen-
trator. During this process, the propellant absorbs heat from the concentrator through
convective heat transfer to prevent the temperature from becoming too high; i.e., the
propellant is preheated, further heated to a high temperature by flowing through a
runner through a heat exchanger core, and then ejected through a nozzle to generate
thrust.

3.4 Calculation of the Solar Radiation Area

Of the total solar energy absorbed by the thruster, a part is used to heat the working
gas and is converted to the kinetic energy of the working gas, while the other part
is consumed. According to the law of energy conservation, the following can be
obtained:

Q = ηγ Sφsol = 1

2
ṁu2e (3.1)

where γ is the optical efficiency of the concentrator, i.e., the proportion of the energy
absorbed by the concentrator from the total incident energy; η is the efficiency of
the thruster; S is the area of the concentrator, in m2; Q is the energy needed by the
thruster per unit time, in W; φsol is the solar constant, and φsol=1353W/m2 is used
as the standard value in calculations.

If the thruster is working normally within �t and the thrust force F is constant at
this time, then the total impulse of the engine during �t is:

I = F · �t (3.2)
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Fig. 3.3 Propellant flow
route inside the thruster

The specific impulse Isp is defined as:

Isp = I

mg0
(3.3)

The effective exhaust speed ue is expressed as follows:

ue = Ispg0 (3.4)

Then,

F

S
= 2γ ηφsol

g0Isp
(3.5)

The estimated optical efficiency of the concentrator γ = 0.5, the thruster specific
impulse Isp = 340s (when ammonia is used as the propellant/working fluid), and
the designed thruster efficiency η = 0.8. After substituting into Equation (3.5),
F
S = 0.4N/m2.
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Table 3.1 Corresponding radiation area calculation results under each working condition

Working condition/N 0.1 0.2 0.3 0.4 0.5

Radiation area/m2 0.25 0.5 0.75 1.0 1.25

The thrusts under each designedworking condition are calculated. Table 3.1 shows
the calculation results of the solar thermal thruster system operating under variable
working conditions.

3.5 Concentration Ratio for a Solar Thermal Thruster
Operating Under Variable Working Conditions

Solar energy is a clean energy source with a low energy density. To condense low-
density solar energy into high-density solar energy, sunlight is concentrated mainly
by solar concentrators. The concentrator is the basis for the normal operation of a solar
thermal thruster under variable working conditions. This concentration technology
is a core component for solar thermal thruster applications, and the quality of the
concentration system directly determines the performance of a solar thermal thruster
operating under variable working conditions.

To provide more effective solar energy concentration and collection, the solar
energy in a solar thermal thruster concentrator system is focused and extracted
mainly by increasing the number of concentrators. At present, a double concentra-
tion method is typically used that involves a primary concentrator and the secondary
concentrator. The specific process of energy conversion in the thruster is as follows:
first, the primary concentration of sunlight is completed by the primary concen-
trator; second, the solar energy derived after primary convergence is transferred to
the secondary concentrator; third, the solar energy is further focused through the
reflection and refraction of the sunlight inside the secondary concentrator and trans-
ferred to the energy extractor of the secondary concentrator; fourth, the solar energy
is transferred to the laminated heat exchanger core through heat transfer methods,
such as convective heat transfer and radiation. The above analysis shows that the roles
of the primary and secondary concentrators are different. The purpose of the primary
concentrator is to achieve a high concentration ratio and convert low-density solar
energy into high-density solar energy, while the secondary concentrator achieves
energy transfer and extraction and outputs high-density solar energy.

3.5.1 Primary Concentrator for a Solar Thermal Thruster

Based on the shape and performance characteristics of the primary concentrator,
typical solar concentrators and performance parameters are shown in Table 3.2.
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Table 3.2 Concentration ratios and operating temperature ranges of typical concentrators

Type Typical concentration ratio range Working temperature/K

Spherical condenser 50–150 573–873

Fresnel lens 100–1000 573–1273

Compound parabolic concentrator
(CPC)

500–3000 773–2273

Tower concentrator 1000–3000 773–2273

Parabolic concentrator 15–50 473–573

The working temperature of the solar thermal thruster ranges from 1000–2500 K
and can sometimes exceed 3000 K. The CPC meets the temperature requirements of
the thruster, with a large concentration ratio. At the same time, the CPC has a simple
principle, convenient manufacturing process, low cost, and better solar concentration
effect; therefore, it is an ideal concentrator for a solar thermal thruster operating under
variable working conditions.

3.5.2 Secondary Concentrator for a Solar Thermal Thruster

The energy density of sunlight after primary concentration is far below the normal
working requirements of solar thermal thrusters, and the total concentration ratio
is low. Therefore, it is necessary to add a secondary concentrator to the system to
increase the total concentration ratio and improve the solar energy density.

The RSC is composed of a spherical surface, a conical structure and an energy
extractor, as shown in Fig. 3.4. The light path propagation and energy transfer are
performed by the reflection and total emission of the light inside the secondary
concentrator. As the core component for heat exchange cavity, the secondary concen-
trator is mainly composed of three parts: a concentrator, which mainly realizes the
collection and total reflection of the sunlight; an energy extractor, which transmits the
solar energy collected by the secondary concentrator to the outside to heat the lami-
nated heat exchanger core; and a fixation component, which can fix the secondary
concentrator during the installation process.

3.5.3 Total Concentration Ratio for a Concentration System

During the placement process of the two concentrators, the optical axes of the RSC
and the parabolic primary concentrator need to be aligned to achieve high-efficiency
light concentration, and the center of the light path entrance of the RSCmust be at the
focal point of the primary concentrator. Through energy convergence, the solar energy
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Fig. 3.4 3D stereogram of
RSC

can directly heat the heat exchanger core [113]. The relationship between the equi-
librium temperature Tr of the solar energy absorber and the geometric concentration
ratio C can be obtained from existing literature [114]:

Tr =
[
(ηo − ηc)φsol

σε

] 1
4

C
1
4 (3.6)

The equilibrium temperature Tr of the absorber is a function of the incident radi-
ation intensity φsol, the total concentration ratio C, the optical efficiency ηo and the
collection efficiency ηc. Figure 3.5 shows the relationship between the equilibrium
temperature Tr of the solar energy absorber and the geometric concentration ratio C.

For the normal operation of a solar thermal thruster, the temperature of the absorp-
tion cavity needs to be increased to above 2000 K. As shown in Fig. 3.5, when the
absorption cavity temperature reaches 2000 K, the total concentration ratio needs to
exceed 2000, and when the absorption cavity temperature reaches 2400 K, the total
concentration ratio needs to exceed 5000.
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Fig. 3.5 Relationship of the cavity temperature and concentration ratio of the concentrator

3.6 Thrust Change Methods for Thrusters Operating
Under Variable Working Conditions

The methods for changing thrust include changing the propellant flow rate, changing
the solar energy, and changing the cross-sectional area of the nozzle throat. However,
when considering themachining difficulty ofmicrothrust nozzles, changing the thrust
when operating under variable working conditions mainly involves changing the
solar energy or the propellant flow rate. When calculating this change, the following
assumptions are made:

1. The working gas in the thruster is assumed to be an ideal gas.
2. There is no heat transfer across the thrust chamber wall, so the flow is adiabatic.
3. There is no shock wave or discontinuity in the nozzle flow, and the flow is steady.
4. There is no significant friction inside the nozzle, so all boundary layer effects are

ignored.
5. The working fluid speed at the thruster nozzle entrance is very low and

approximately zero.
6. The exhaust speed at the thruster nozzle is solely axial speed.

For the parameter calculation of the solar thermal thrust chamber, the temperature
of hydrogen (1300 K) is selected as the reference temperature. The relevant physical
parameters of hydrogen gas are as follows: molar massM = 2.016× 10−3 kg/mol,
specific heat ratio γ = 1.404, density ρ = 0.0189 kg/m3, average specific heat
capacity at constant pressure Cp = 1.56 × 104J/(kg · K), dynamic viscosity μ =
24.08× 10−6 kg/(m · s), and average thermal conductivity k = 0.568 W/(m · K).
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Since the flow in the nozzle is an adiabatic process without work, there is:

h0 = h+ u2

2
= constant (3.7)

From the conservation of energy, we obtain:

hc − he = 1

2

(
u2e − u2c

) = Cp(Tc − Te) (3.8)

The nozzle exhaust speed can be expressed as:

ue =
√√√√ 2k

k − 1
RTc

[
1−

(
Pe

Pc

) k−1
k

]
+ u2c (3.9)

The mass flow rate of the nozzle is:

ṁ = Pc

RTc

(
2

k + 1

) 1
k−1

√
2k

k + 1
RTc · At (3.10)

The vacuum thrust of the engine is:

F = ṁue + AePe (3.11)

The system propulsion efficiency is defined as:

η = ṁu2e
2(ṁhi + P)

(3.12)

It is assumed that the propulsion system efficiency is designed as η = 0.8, P is the
absorbed solar energy, and hi is the inlet enthalpy, which is a single-valued function
of temperature.

Therefore, the obtained equations are as follows:
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Table 3.3 Parameters under each working condition when solar energy remains unchanged

Working condition 0.1 N 0.2 N 0.3 N 0.4 N 0.5 N

Solar energy (W) 480 480 480 480 480

Mass flow rate (×105 kg/s) 1.178 3.821 7.004 10.396 13.886

Exhaust speed (m/s) 8488.5 5233.8 4283.5 3847.7 3600

Total temperature (K) 2000 760 509 411 360

Overall pressure (MPa) 0.2 0.4 0.6 0.8 1.0

3.6.1 Changing the Propellant Flow Rate While Maintaining
the Solar Energy

The theoretical temperature of the propellant/working fluid can exceed 2000 K after
passing through the heat exchanger core. When hydrogen is used as the working
fluid, the designed thrust chamber temperature and pressure are Tc = 2000 K and
Pc = 0.2 MPa, and the outflow temperature of the propellant from the tank is
Ti = 300 K. The nozzle is designed by Equation (3.13) under the working condition
of the thrust force F1 = 0.1 N, and the calculated cross-sectional area of the nozzle
throat is At = 2.545× 10−7 m2.

When the solar energy value is kept constant, the thrust is changed only by
changing the propellant flow rate, and the cross-sectional area of the nozzle throat is
kept constant. The calculation results are shown in Table 3.3.

An analysis of the calculation results shows that when the solar energy remains
constant, it is not advisable to adjust the thrust by changing the propellant flow rate.
When the thrust force increases from 0.1 to 0.5 N, the propellant mass flow rate
gradually increases, the total thrust chamber temperature decreases sharply from
2000 to 760 K and then to 360 K, and the total thrust chamber pressure Pc increases
sharply from 0.2 to 1.0 MPa.

3.6.2 Changing the Solar Energy While Maintaining
the Propellant Flow Rate

When hydrogen is selected as a working fluid, the thruster can obtain greater thrust
at high chamber pressure; therefore, when the thrust F = 0.5 N, the designed
thrust chamber pressure Pc = 0.8 MPa, and the thrust chamber temperature is
Tc = 2000 K. The calculated cross-sectional area of the nozzle throat is At =
3.182 × 10−7 m2, and the propellant flow rate is ṁ = 5.890 × 10−5 kg/s. When
the propellant flow rate is constant, the thrust force is changed only by adjusting the
solar energy, and the results are shown in Table 3.4.
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Table 3.4 Calculation results under each working condition with a constant flow rate

Working condition 0.1 N 0.16 N 0.2 N 0.3 N 0.4 N 0.5 N

Mass flow rate (×10-5 kg/s) 3.65 5.89 5.89 5.89 5.89 5.89

Solar energy (W) 0 0 149 679 1422 2400

Exhaust speed (m/s) 2736 2736 3395 5093 6791 8488

Total temperature (K) 300 300 320 720 1280 2000

Overall pressure (MPa) 0.20 0.20 0.32 0.48 0.64 0.8

Table 3.5 Constant nozzle inlet temperature

Working condition 0.1 N 0.2 N 0.3 N 0.4 N 0.5 N

Mass flow rate (×10-5 kg/s) 1.178 2.356 3.534 4.713 5.891

Solar energy (W) 475.4 950.7 1426 1901 2376

Exhaust speed (m/s) 8488 8488 8488 8488 8488

Total temperature (K) 2000 2000 2000 2000 2000

Overall pressure (MPa) 0.1 0.2 0.3 0.4 0.5

When the flow rate is kept constant and a cold gas propulsion system is used, the
thrust force cannot reach the designed value of 0.1 N. At this moment, even if there
is no incident sunlight, the minimum thrust force is 0.16 N. When comparing the
adjustment of solar energy with that of the mass flow rate, the variation in the total
temperature of the thrust chamber is relatively smooth, there is no abrupt change,
and the variation in the total pressure is uniform.

3.6.3 Maintaining a Constant Nozzle Inlet Temperature
(2000 K)

To ensure the normal operation of the thruster, the working fluid is heated to
the normal working temperature (>2000 K). The calculation results are shown
in Table 3.5. The designed cross-sectional area of the nozzle throat is At =
5.07 × 10−7 m2. When the thrust force increases, the flow rate and solar energy
gradually increase, and changing the flow rate and solar energy simultaneously is
feasible.
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Chapter 4
Radiation Heat Transfer of Absorption
Cavity and Secondary Concentrator

4.1 Introduction

In this chapter, the design is based on the foreign refractive secondary concentrator
(RSC) structures, the specific dimensions of the concentrator are modified according
to the actual situation, an integrated simulation of the radiation and flow heat transfer
in the RSC and the absorption cavity is performed, and the thermal stress of the RSC
is analyzed.

4.2 Physical Models and Boundary Conditions

4.2.1 Physical Model

The RSC is a nonimaging concentrating system that concentrates the incident light
into the absorber through the reflection and total internal reflection (TIF) between
different media. The RSC is composed of a lens and an energy extractor. The lens
has an axisymmetric structure, while the energy extractor has a triangular pyramid
structure. After the sunlight enters the concentrator after being reflected by the lens, it
is transmitted according to the principle of TIF. Since the concentrated light is always
transmitted inside the concentrator, the energy output loss is relatively small. Finally,
the energy reflected by the energy extractor is transmitted out of the concentrator to
heat thewall of the absorption cavity. The integrated design of the regenerative cooled
RSC and the thrust chamber and the propellant flow path are shown in Fig. 4.1. After
entering the thruster, the propellant first flows through a porous sleeve to achieve even
flow splitting so that the gas flow and temperature distribution around the RSC are
uniform. The propellant enters the absorption cavity after passing through the sleeve,
the RSC in the absorption cavity bears a relatively higher temperature load, and the
regenerative cooling in this area reduces theRSC temperature through convective heat
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Fig. 4.1 Integrated design
of the regeneratively cooled
RSC and thrust chamber

transfer. Finally, the propellant enters the efficient laminated micro-heat exchange
runner through the opening at the bottom of the absorption cavity to be heated and
is finally discharged through the nozzle to generate thrust. The cooling channel is
the cavity between the absorption cavity and the RSC. Since the energy extractor
at the back end of the concentrator has a triangular pyramid structure, the cooling
channel is not a strict axisymmetric structure. This integrated design of regenerative
cooling not only has a significant cooling effect on the RSC but also increases the
temperature of the propellant entering the absorption cavity, which improves the
utilization efficiency of solar energy by the thruster.

Based on the physical model, the three media in the radiative heat transfer model
of the absorption cavity are shown in Fig. 4.2, with the RSC, the working fluid
hydrogen, and the Nb521 niobium-tungsten alloy as the absorption cavity material
from the inside to the outside. For the gaseous working fluid section, the upper part is
the working fluid inlet, and the bottom is the outlet, which conforms to the structural
design of the absorption cavity in Chapter 2.

4.2.2 Boundary Conditions

4.2.2.1 Interface Radiation Characteristics

The wall surface of the absorption cavity is an opaque interface and a diffuse surface
(diffuse emission and reflection), the interface temperature is T 1, the spectral emis-
sivity inside the interface is ελ, the spectral diffuse reflectance is ρd

λ , and the super-
script d represents diffuse reflection. Let the subscript i of the angle represent inci-
dence, and the spectral reflected radiation force inside the absorption cavity interface
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Fig. 4.2 Three media for the
radiative heat transfer model
of the absorption cavity
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The effective radiation at the interface is the sum of the self-radiation and reflected
radiation; then,

I+λ (0) = 1

π
n2mελσT

4
1 + 2ρd

λ

1∫

0

I−λ (0, −μi)μidμi (4.2)

The RSCwall surfaces are all semitransparent interfaces, which are spectral selec-
tive surfaces; the interface is transparent for bands with wavelengths less than 5 μm
and translucent for bands with wavelengths greater than 5 μm [115]. The inter-
face radiation is the sum of the penetrating part of the projected radiation for the
environment and the reflected radiation at the interface on the media side.
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For diffuse surfaces,

I+(0) =
(
nm
no

)2

(1− ρd
o)Io(0) + 2ρd

1∫

0

I−(0, −μ)μdμ (4.3)

If the interface is a mirror surface, then

I+(0, μ) =
(
nm
no

)2

(1− ρs
o)Io(0, μi) + 2ρsI−(0, −μ) (4.4)

μi = cos θi (4.5)

where θi is the incident angle of the projected radiation for the environment.

4.2.2.2 Radiation Boundary Condition

The radiation boundary condition is a third-type boundary condition. The heat
transfer coefficient h, the ambient temperature T 0, and the radiation characteris-
tics on the inside of the interface is ρλ. The boundary condition is applicable to the
opaque, semitransparent, and transparent interfaces involved in the model.

4.2.2.3 Flow Boundary Condition

For the regenerative cooling channel in the absorption cavity, the flow cross-section
has no sharp contraction or expansion, so the pressure drop changes little. The mass
flow rate at the propellant inlet is set to 0.000175 kg/s, and the outlet pressure is
0.7 MPa. The inlet temperature is set to 300 K.

4.2.3 Computational Grid

Because the RSC energy absorber has a triangular pyramid structure, the radiation
transfer in the absorption cavity has 3D distribution characteristics, and the axisym-
metric model is not suitable for simulating the distribution characteristics. Therefore,
3D modeling is used, and an unstructured grid is generated. A computational grid of
the radiation heat transfer of the absorber is shown in Fig. 4.3.
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Fig. 4.3 Computational grid
of absorber radiation heat
transfer

4.3 Radiation and Regenerative Cooling Processes
for the Absorption Cavity

4.3.1 Effect of Regenerative Cooling on the Absorption
Cavity

4.3.1.1 Design Without Regenerative Cooling

Regenerative cooling is an important energy utilization scheme proposed in this
design, and its main purpose is to prevent high temperatures and ruptures in the RSC
by absorbing too much heat during operation and to recover energy. In this section, a
simulation is performed on whether to use regenerative cooling technology to verify
the effectiveness of regenerative cooling.

First, calculations are performed for a case without regenerative cooling. There
is no gas flow in the absorption cavity. Figure 4.4 shows a temperature distribution
cloud map of the absorption cavity. The highest temperature of the absorber wall
exceeds 2400 K, and the high-temperature zone is in the lower half of the absorber,
which has reached the ideal working temperature of the absorber and can heat the
gaseous working fluid to a high temperature. The temperature distribution of the RSC
medium is shown in Fig. 4.5 after the extraction of theRSCmedium. Figure 4.5 shows
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that the temperature of the RSC medium is basically the same as the temperature
of the absorption cavity, and the maximum temperature of the energy extractor at
the bottom end reaches 2400 K, which already exceeds the operating temperatures
that most media materials can withstand. For media such as single-crystal sapphire,
the absorption of the solar spectrum smaller than 5 μm is very small and can be
ignored, while the solar energy with wavelengths larger than 5 μm only accounts
for approximately 0.5%. However, because the temperature of the heated absorption
cavity is above 2400 K, the infrared radiation dominates; radiation with wavelengths
longer than 5 μm accounts for more than 5%, which is 10 times higher compared
to the solar spectrum, and all such radiation energy can be absorbed by the RSC.
Therefore, the temperature of the RSC can continue to rise and eventually approach
the wall temperature of the absorption cavity, which is higher than the withstanding
temperature of the RSC. Therefore, the regenerative cooling structure of the adoption
cavity is very important, which can take away the radiation energy absorbed by the
RSC in time and prevent the RSC from cracking.

Under this design, the distributions of incident radiation and radiation temperature
are shown in Figs. 4.6 and 4.7, respectively. The radiation heat transfer process is
mainly concentrated at the bottom of the energy extractor, that is, the triangular
pyramid. The radiation heat transfer at other locations is slight, which shows that the
simulation results are reasonable. Due to the TIF of the upper part, the amount of
solar radiation escaping is very small.

Fig. 4.4 Temperature
distribution without
regeneration cooling
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Fig. 4.5 RSC temperature
distribution

Fig. 4.6 Incident radiation
distribution
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Fig. 4.7 Radiation
temperature distribution

4.3.1.2 Regenerative Cooling Design

For the case with regenerative cooling, Fig. 4.8 shows the overall temperature distri-
bution characteristics of theRSC, theworkingfluid and the absorber, andFig. 4.8a and
b show cross-sections of the thruster in different directions. Since the energy extractor
of the concentrator is approximately a triangular pyramid structure, the temperature
distribution characteristics of the cross-sections in different directions are slightly
different. The temperature distribution shows that because the energy extractor of
the RSC is located at the lower part of the absorption cavity, the temperature of
the absorber wall increases from top to bottom; the temperature of the hydrogen
working fluid is high when close to the absorber wall and decreases towards the
direction of the RSC. Therefore, the flow of working fluid should make full use of
the high-temperature zone at the bottom for heating. As shown in Fig. 4.8a and b,
the temperature of the propellant close to the RSC ranges between 800–1000 K,
which is significantly lower than that in the case without cooling measures, while
the temperature of the propellant near the absorber wall is higher at 1000–2200 K.
The regenerative cooling design also preheats the propellant. The temperature of the
propellant in the absorption cavity rises from 300 K at the inlet to 1000 K at the
outlet, thus improving the use efficiency of solar radiation energy. Without cooling
measures, the temperature of the concentrator can continue to rise, and correspond-
ingly, the radiation loss to the outside world can also continue to increase. This issue
can be effectively alleviated by using the regenerative cooling design.
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Fig. 4.8 Overall temperature distribution of RSC, working fluid, and absorber on cross-sections
along different directions

The calculated temperature distribution of the absorption cavity wall and a
comparison with the previous results show that the flow of the working fluid has
little effect on the temperature of the absorption cavity, and the wall temperature of
the absorber is still in the range of 2400 K to 2600 K, which can meet the temper-
atures needed for the propulsion system. This is because the heat transfer between
the RSC and the wall of the absorption cavity is dominated by solar radiation, and
the propellant in the absorption cavity is a transparent medium relative to the solar
spectrum and has little effect on the transmission of concentrated solar radiation.

To facilitate the comparisons of the temperature distribution patterns of the RSC,
working fluid hydrogen and absorber, Fig. 4.9a–c show the temperature distribution
areas of the threemedia on the cross-section. The temperature distribution of the RSC
gradually increases along the negative direction of the Y-axis, and the temperature
of the energy extractor is the highest at 600–800 K. After regenerative cooling, the
maximum temperature of the concentrator decreases from 2400 to 800 K. The heat
for heating the RSC comes from the high-temperature wall surface of the absorption
cavity rather than the direct absorption of solar energy. Because solar energy is also
absorbed, the temperature of the upper part of the RSC is much lower than that of
the energy extractor. The temperature of the working fluid is close to the temperature
of the energy extractor. Therefore, most of the heat is transferred from the working
fluid to the RSC through convective heat transfer. This design allows the RSC to
operate for a long time without large thermal shocks. Therefore, general optical
glass materials, especially quartz glass, can be used as alternative RSC materials.
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Fig. 4.9 Temperature distribution cloud map of RSC, working fluid and absorber

The temperature distributions for different axial positions perpendicular to the
axial direction of the thruster are shown in Fig. 4.10. The average temperature
of the sections gradually increases from the top to the bottom. The Y-axis coor-
dinates at different positions are shown in Fig. 4.6. Because the energy extractor
is a triangular pyramid, the cross-section for output thermal radiation presents an
approximately equilateral triangle distribution pattern. Heat diffuses along the three
directions normal to the triangular pyramid surface of the energy extractor, and the
temperature rise also occurs along these three directions.

The radiation temperature and incident radiation distributions of the absorption
cavity and RSC are shown in Figs. 4.11 and 4.12, respectively, with the maximum
radiation temperature and incident radiation both appearing at the top of the energy
extractor, which is in line with the light path transmission characteristics of the RSC.
In the part before the energy extractor, due to the TIF of the light, no solar radiation is
directly emitted from the upper interface, and all the solar radiation is concentrated
at the energy extractor at the lower part of the RSC. A comparison with the design
without regenerative cooling shows that the radiation temperature and the incident
radiation distributions are close to each other, and the large difference in temperature
distribution is completely caused by the regenerative cooling effect of the working
fluid.
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Fig. 4.10 Temperature distribution variations in sections along the axial direction in the thruster
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Fig. 4.11 Radiation
temperature distribution of
the absorption cavity and
RSC

Fig. 4.12 Incident radiation
distributions of absorption
cavity and RSC
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4.3.2 Effect of Absorption Coefficient

The absorption coefficient has a great impact on theRSC,which is a high-temperature
core region. If the absorption coefficient of the RSC is large, the RSC can absorb a
large amount of heat accordingly. In this case, the wall temperature of the absorp-
tion cavity will not be high. A larger absorption coefficient can affect the pene-
tration of thermal radiation. Therefore, single-crystal materials with small absorp-
tion coefficients must be used as RSC materials. The thermophysical parameters of
single-crystal materials that are easily obtained are shown in Table 4.1.

The absorption coefficient can be derived from data such as the spectral transmit-
tance and emissivity. According to the relationship between the thermal radiation
transmittance and the absorption coefficient,

UVT = I

I0
= e−κλx (4.6)

where κλ is the absorption coefficient of the medium to spectrum λ and x is the
thickness of the medium.

(1) The absorption coefficient of 0.1 m−1

The temperature distribution, incident radiation distribution and radiation temper-
ature distribution when the absorption coefficient is 0.1 m−1 are shown in Figs. 4.13,
4.14 and 4.15, respectively. The temperature of the RSC is far lower than the temper-
ature of the absorber wall. The temperature of the energy extractor is maintained at
600–800 K, which is lower than the melting point of general single–crystal materials
and even lower than the melting point of quartz glass.

(2) The absorption coefficient of 1 m−1

The temperature distribution, incident radiation distribution and radiation temper-
ature distribution with an absorption coefficient of 1 m−1 are shown in Figs. 4.16,
4.17 and 4.18, respectively. The temperature of the RSC is already high, with the
highest temperature over 1600 K, and the wall temperature of the absorption cavity

Table 4.1 Thermophysical parameters of the main single-crystal materials

Material Melting point
(°C)

Reflective index Thermal
conductivity (W/
mK)

Optical absorption
cutoff wavelength
(μm)

Al2O3 single
crystal

2300 1.76 0.25 (300 K)
0.1 (1000 K)
0.06 (2300 K)

5

MgO single
crystal

3000 1.76 0.6 (300 K)
0.08 (1500 K)

7

ZrO2 single
crystal

3000 2.16 0.1 (300 K) 6
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Fig. 4.13 Temperature
distribution with an
absorption coefficient of
0.1 m−1

is higher than 2300 K; therefore, the material with an absorption coefficient of 1 m−1

can satisfy the working conditions under certain circumstances.

(3) The absorption coefficient of 10 m−1

The temperature distribution with an absorption coefficient of 10 m−1 is shown in
Fig. 4.19. The temperature distribution shows that when the absorption coefficient
of the medium reaches 10 m−1, the absorption of solar radiation by the RSC is
already very large; when the highest temperature of the absorption cavity wall is
only 2200 K, the highest temperature inside the RSC already exceeds 2600 K. The
incident radiation temperature distribution and radiation temperature distribution are
shown in Figs. 4.20 and 4.21, respectively, and the maximum values of 4.5 × 107

W/m2 and 2400 K appear at the top of the energy extractor, which are smaller than
those of the first two working conditions, indicating that the RSC absorbs a large
amount of sunlight, and the solar radiation transmitted through the RSC decreases.



4.3 Radiation and Regenerative Cooling Processes for the Absorption Cavity 65

Fig. 4.14 Incident radiation
distribution with an
absorption coefficient of
0.1 m−1

Fig. 4.15 Radiation
temperature distribution with
an absorption coefficient of
0.1 m−1
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Fig. 4.16 Temperature
distribution with an
absorption coefficient of
1 m−1

4.3.3 Effect of Using a Non-gray Semitransparent Medium

Since the RSC medium has different absorption coefficients of the solar spectrum at
different wavelengths, the spectral band approximation model (SBAM) can be used
for analysis and processing [117]. Figure 4.22 shows the radiation energy distribution
of the solar spectrum. Solar spectral energy is mainly concentrated in the visible and
near-infrared regions, and the RSC exhibits very little absorption to this spectral band
since it is the main transmission band. The blackbody radiation function is defined
as

f (λT ) =
λT∫

0

Ebλ

σT 5
d(λT ) (4.7)

According to the blackbody radiation function, the blackbody radiation at each
wavelength can be calculated as a percentage of the blackbody radiation at the same
temperature. The solar energy for spectral band larger than 5 μm accounts for less
than 5% of the solar energy. This part of the energy can be absorbed by the single-
crystal material, so more accurate temperature distribution characteristics can be
obtained by using the segmented SBAM.
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Fig. 4.17 Incident radiation
distribution with an
absorption coefficient of
1 m−1

Fig. 4.18 Radiation
temperature distribution with
an absorption coefficient of
1 m−1
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Fig. 4.19 Temperature
distribution with an
absorption coefficient of
10 m−1

The overall trend of the solar spectral absorption of a single–crystal sapphire
is shown in Fig. 4.23. The absorption coefficient increases with increasing wave-
length, and the solar absorption for wavelengths greater than 5 μm is already strong.
According to the spectral characteristics of the single-crystal sapphire, the variation
function of the absorption coefficient versus temperature is established in different
spectral bands for subsequent simulation.

Figure 4.24a shows the result of the gray semitransparent medium model, and
Fig. 4.24b shows the result after using the non-gray semitransparent medium model.
The RSC temperature calculated by the latter is low, and the highest temperature is
concentrated in the absorption cavity, while the highest temperature calculated by the
former is concentrated in the RSC. Because the spectral absorption characteristics
are not considered, all the solar radiation is absorbed by the RSC medium according
to the proportion corresponding to the absorption coefficient; therefore, the RSC
temperature is the highest. With increasing temperature, the absorption coefficient
of the medium further increases, resulting in a decrease in the projection charac-
teristics, so the temperature of the absorption cavity is not as high as that of the
RSC. After using the SBAM, the solar energy corresponding to each spectral band
is calculated since the different absorption coefficients of the medium for different
spectra are considered. Most of the alternative media are transparent to the visible
and near-infrared light, and even if they are opaque, the absorption coefficient is also
small, so the calculated results are more in line with the actual working conditions.
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Fig. 4.20 Incident radiation
distribution with an
absorption coefficient of
10 m−1

Fig. 4.21 Radiation
temperature distribution with
an absorption coefficient of
10 m−1
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Fig. 4.22 Radiation energy distribution of solar spectrum

Fig. 4.23 Overall trend of
solar absorption of
single-crystal sapphire
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The temperature distribution cloud maps show that, even in Fig. 4.24b with lower
temperatures, the highest temperature of the RSC is in the range of 1600–1800 K,
which is still too high. Therefore, for the RSC medium, a material with a low spec-
tral absorption coefficient should be selected. Single-crystal materials can satisfy this
condition, but the cost is too high.

A comparison of the absorption coefficients of quartz glass and single-crystal
sapphire materials is shown in Fig. 4.25, and the absorption coefficients of the two
materials in the near-infrared spectrum are compared. At the same wavelength, the
absorption coefficient of quartz glass is about 100 times higher than that of single-
crystal sapphire material. The excellent optical properties of single-crystal materials
are unmatched by other materials.
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Fig. 4.24 Comparison of
the temperature distribution
between the gray
semitransparent medium
model and the non-gray
semitransparent medium
model
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Fig. 4.25 Comparison of
the absorption coefficients of
quartz glass and
single-crystal sapphire
material
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4.4 Thermal Stress Simulation of RSC

After loading the simulation results of the flow field on the RSC, the temperature and
stress distribution characteristics of the RSC can be obtained. To study the cause of
RSC cracking, the instantaneous temperature distribution of the RSC is calculated,
and three typical nodes are selected for analysis, as shown in Fig. 4.26. When there
is no regenerative cooling structure, the temperature distribution cloud map and the
temperature variations at typical nodes during the RSC working process are shown
in Fig. 4.27. The temperature cloud map shows that the temperature difference at
the two ends of the RSC is large, so the thermal stress at the connection between the
concentrator and energy extractor in themiddle is the largest. The temperature of node
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1 reaches equilibrium quickly, while the temperatures of nodes 2 and 3 gradually rise.
The highest temperature of the RSC exceeds 2200 K, while the critical temperature
of single-crystal sapphire is 2300 K, so cooling measures must be taken.

Figure 4.28 shows the temperature distribution and the temperature variations
at typical nodes on the RSC with regenerative cooling. Figure 4.28 shows that the
maximum temperature of the RSC decreases to 1600 K. The temperature variation
patterns at the three nodes are the same as those in the previous analysis, with the
maximum temperature decreasing by approximately 600 K. Figure 4.28a shows the
thermal stress distribution inside the RSC. Figure 4.28a shows that the thermal stress

Fig. 4.26 Three typical
nodes selected on RSC

Fig. 4.27 Internal thermal stress distribution of the RSC without regenerative cooling
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Fig. 4.28 Internal thermal stress distribution of the RSC with regenerative cooling

is concentrated at the neck of the RSC, with a maximum stress of 113 MPa without
regenerative cooling, and the thermal stress in most areas of the neck is 44–59 MPa.
When regenerative cooling is used, the maximum stress is 86 MPa, and the thermal
stress in most areas of the neck is 28–38 MPa. A comparison with the literature [48]
shows that the thermal stress after regenerative cooling is lower than the measured
thermal stress when the RSC is ruptured, at 44–65 MPa, which shows that the use of
regenerative cooling design can improve the stability and reliability of the RSC.

Open Access This chapter is licensed under the terms of the Creative Commons Attribution 4.0
International License (http://creativecommons.org/licenses/by/4.0/), which permits use, sharing,
adaptation, distribution and reproduction in any medium or format, as long as you give appropriate
credit to the original author(s) and the source, provide a link to the Creative Commons license and
indicate if changes were made.

The images or other third party material in this chapter are included in the chapter’s Creative
Commons license, unless indicated otherwise in a credit line to the material. If material is not
included in the chapter’s Creative Commons license and your intended use is not permitted by
statutory regulation or exceeds the permitted use, you will need to obtain permission directly from
the copyright holder.

http://creativecommons.org/licenses/by/4.0/


Chapter 5
Simulation and Optimization Design
of a Laminated Heat Exchanger Core
for a Solar Thermal Thruster

5.1 Introduction

In this chapter, a laminated structure is used to design a high-efficiencyheat exchanger
core, and the optimal design scheme is obtained through a simulation and comparison
analysis of the designed control runner length and runner cross-sectional area.

5.2 Temperature Distribution Characteristics after Heating
Using Laminated Structures

5.2.1 Physical Models and Calculation Method

In the solar thermal thruster scheme, an improvement is made based on the laminated
structure, i.e., a laminated microchannel structure and flow shunting are used to
increase the heat exchange area between the propellant and the thrust chamber wall,
thus improving the convective heat transfer in the heat exchange channel. As a result,
the propellant is fully heated in the thrust chamber. The overall structure is shown in
Fig. 5.1.

The design thickness of a single laminate is 2 mm, and the diameter of the control
runner is 0.16 mm. The heat transfer area of the propellant between the laminates
is 5–10 times larger than that of a spiral runner under the same conditions. The
propellant flows along the outer edge of the laminate, passes through the control
runner, and finally flows into the nozzle through the semicircular channel on the
inner edge. The inner edge of the laminate is tightly bonded to the high-temperature
wall of the absorption cavity, as shown in Fig. 5.2.
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Fig. 5.1 Overall structure
diagram of the laminated
enhanced heat exchange
channel

Fig. 5.2 Single laminate
microchannel structure

After considering the overall mass and heat exchange efficiency of the thruster,
the designed structure of the heat exchanger core is shown in Fig. 5.3. Several lami-
nates are stacked together, and the working fluid is further heated through the heat
exchange microchannels in the middle. The propellant/working fluid inflows along
the outside of the heat exchanger core and outflows at the inside. The inner wall of the
heat exchanger core is seamlessly coupled to the high-temperature outer wall of the
absorption cavity, and the energy is transferred from the high-temperature absorption
cavity wall to the heat exchanger core laminates by heat conduction.

The number of laminates is designed to be 9, and the inner and outer diameters of
the laminate are 32 mm and 49 mm, respectively. The radial length of the laminate
is 40 mm, the length of the control runner is 2.5 mm, and there are eight control
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Fig. 5.3 Heat exchanger core model

runners evenly distributed in the circumferential direction in each laminate. The
overall structure is shown in Fig. 5.4.

Due to the axisymmetric characteristics of the laminate structure, to reduce the
calculation volume, half of the single runners in the laminate structure are taken in
the calculation. The upper, lower, left, and right sides of the model are symmetric
planes, and the circumferential angle in the model is 22.5°. In reality, the control

Fig. 5.4 Overall structure of the laminated heat exchange channel
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Fig. 5.5 Grid for the fluid–solid coupling model

runner is a circular channel. Because of the symmetry of the structure, only a quarter
of the runner is selected for the simulation. The size of the runners is relatively
small; therefore, square runners with the same cross-sectional area are used instead
of circular runners in the model, which is convenient for generating meshes for
calculation and simulation. The origin of the model is the physical center of the
laminate. The centerline of the runner is set as the x-axis, which extends outward
along the radial direction of the laminate. The y-axis is perpendicular to the z-axis
in the plane of the runner. The z-axis is directed from the symmetry plane of the
runner to the symmetry plane of the laminate. A structural grid is used to delineate
the model, and the control runners are encrypted, with a total of 47,060 elements. A
3D grid model is used for the fluid–solid coupling, as shown in Fig. 5.5.

The physical properties and boundary conditions of the laminates and propellant
of the above-described fluid-solid coupling system are applied to the discrete model;
the steady state is obtained after the iterative calculations, and the temperature field
and flow field of the laminated heat exchanger core of the solar thermal thruster are
obtained.

5.2.2 Single-Channel Distribution Characteristics

After the fluid-solid coupling calculation, the overall 3D temperature distribution of
the single-channel model is shown in Fig. 5.6. The temperature variations of the fluid
part and the solid part are significantly different.

A cross-sectional analysis of the fluid temperature distribution in the laminate
channel is performed along the direction perpendicular to the z-axis. Figure 5.7a–
c shows the temperature distribution variation pattern from the channel center to
the laminate wall, and the temperature of the working fluid in the channel shows a
gradual increasing trend from the center to the wall. The heat exchange between the
laminates and the propellant is mainly performed in the dispersed channel, and the
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Fig. 5.6 3D temperature
distribution of the laminated
single-channel model

temperature variation of the working fluid in the control runner is relatively small.
Figure 5.7a shows that the mainstream temperature of the runner center is heated to
1800 K at the laminate exit, and the temperature of the runner edge is above 2200 K,
which is close to the boundary condition of the laminatewall temperature. Figure 5.7b
shows the temperature distribution at 0.03mm, and the changes aremore pronounced
compared to the symmetric plane. Figure 5.7c shows the temperature distribution of
the control runner near the laminate wall. The propellant temperature at the outlet
of the runner exceeds 2300 K, with the highest temperature being 2393 K, which is
close to the wall temperature of 2400 K. After flowing through the laminates, the
propellant enters the vertical interlayer and is further heated, thus raising the overall
temperature of the propellant to exceed 2300 K. Simulation results from the relevant
literature show that when a helical channel structure is used and the wall temperature
is 2300 K, the highest temperature at the end of the helical channel and the interlayer
section exceeds 2100 K, but does not reach 2200 K, indicating the superior thermal
efficiency of the laminate heat transfer structure.

Figure 5.8 shows the temperature distribution profile of the solid part of the
laminate along the direction perpendicular to y. Figure 5.8 shows that the laminate
temperature has a gradient change from 2000 to 2400 K. In previous simulations, the
temperature of the thruster wall is directly given as a constant temperature boundary
condition; therefore, there is a certain error. The fluid temperature and the solid
temperature largely interact with each other by many factors. The temperature of the
cold end of the solid is 2000 K without considering the heat exchange between the
system and the outside world. The heat exchange between the working fluid in the
laminate dispersed runner and the laminate wall is sufficient, and the heating effect
of the laminates is superior.

A cross-sectional analysis of the fluid speed distribution in the laminate runner
is performed along the direction perpendicular to the z-axis. Figure 5.9a–c shows
the speed distribution pattern from the runner center to the laminate wall. Due to
the boundary layer, the speed of the working fluid in the runner generally shows
a gradual decreasing trend from the center to the wall. The control runner of the
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Fig. 5.7 Temperature
distribution of the fluid
cross-section in the laminate
channel
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Fig. 5.8 Temperature
distribution of the solid part
of the laminate

laminates accelerates the flow of propellant. The maximum speed at the center of
the control runner reaches 2500 m/s, and the local Mach number varies between 0.6
and 0.7.

The pressure distribution in the laminate runner is shown in Fig. 5.10.

5.3 Effect of Laminated Structure Parameters
on the Heating Effect of the Heat Exchanger Core

5.3.1 Effect of Control Runner Length

The structural design of the laminates greatly affects the heating effect of the heat
exchanger core. The simulation study compares and analyses the effects of the control
runner length and cross-sectional area and the length ratio of the dispersion region
to the control runner. First, laminate models with different control runner lengths
are created to analyze the effect of the control runner length on the heating effect of
the laminates. At the same time, simulation is performed on the laminate structure
without control runners, which is equivalent to the condition when the control runner
length is zero, and the simulation results are compared and analyzed. To obtain the
optimal size of the laminate structure, the comparison focuses on the effect of the
control runner length on parameters such as heating temperature and speed.

5.3.1.1 Distribution Characteristics of Fluid Area

Figure 5.11 shows the distribution of the propellant temperature on the symmetric
plane of the laminate under different control runner lengths. A comparison of the
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Fig. 5.9 Speed distribution
of the propellant in the
laminated runner sections
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Fig. 5.10 Pressure
distribution of the fluid
cross-section in the laminate
runner

temperature distribution shows that the heating effect of the laminate on propellant
without the control runner is the worst, with the highest temperature only being
1500 K after heating. After using control runners, the temperature of the propellant
after heating significantly increases. In the 5 mm long control runner, as shown in
Fig. 5.11f, the propellant is compressed and heated to a higher temperature, approxi-
mately 1800 K, before entering the control runner. After passing through the control
runner, the propellant continues to be heated above 2200 K in the dispersion region
behind the control runner.

The calculation results of the laminate structure with different control runner
lengths are compared and analyzed, as shown in Table 5.1. The average temperature
and the average total temperature of the cross-section of the heat exchanger core outlet
are calculated by area integration. The overall temperature and total temperature of
the heat exchanger core outlet are higher when the control runner length is 2–3 mm.

Figure 5.12 shows the trend of the average temperature and average total tempera-
ture at the outlet of the heat exchanger core under different control runner lengths. The
2 mm design scheme has the optimal average temperatures among several designs.

Figure 5.13 shows the temperature distribution at the cross-section of the heat
exchanger core outlet under different control runner lengths, and the trend of the
temperature distribution of several designs can be clearly observed in the figure.
With the increase in the control runner length, the proportion of the high-temperature
area of the cross-section at the outlet gradually increases, since the reduction in the
dispersion area length can reduce the expansion effect of the propellant after passing
through the control runner. The propellant temperature continues to decrease at the
outlet of the 5 mm runner, indicating that the continued lengthening of the control
runner reduces the heating effect on the propellant. A comparison of the temperature
distribution of the cross-section at the heat exchanger core outlet under different
control runner lengths is shown in Fig. 5.14. Figure 5.14 shows that although the
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Fig. 5.11 Comparison of the temperature distribution at the symmetric plane of the heat exchanger
core under different control runner lengths (unit: K)
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Table 5.1 Comparison of laminate parameters with different control runner lengths

Length (mm) Temperature (K) Speed (m/s) Total temperature (K)

1 2162 845 2186

2 2192 871 2163

3 2137 867 2163

4 1962 909 1990

5 1970 795 1993

Fig. 5.12 Comparison of the average temperature and average total temperature at the outlet of the
heat exchanger core under different control runner lengths

speed of the high-temperature part of the dispersion area is lower than that of the
mainstream part, the flow is not stationary at the outlet of the heat exchanger core,
with a speed above 400 m/s. Figure 5.15 compares the pressure distribution on the
symmetric plane of the heat exchanger core under different control runner lengths.
The pressure drops of several designs increase with the increase in the control runner
length, and the pressure drops are all concentrated along the length direction of the
control runner. When the length increases, to ensure a consistent thrust, the inlet
pressure of the entire system needs to be increased. Of course, the high speed in
the flow area is mainly caused by the high pressure drop. In actual operation, the
selection of an appropriate pressure drop depends on the needed thrust. In this book,
the heating effect of different designs is only compared under the same pressure drop.

Therefore, based on comprehensive consideration, a control runner length of 2–3
mm is optimal among the several design schemes. The average temperature of the
propellant at the laminate outlet is 2192 K.
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Fig. 5.13 Distribution of temperature at the cross-section of the heat exchanger core outlet under
different control runner lengths

5.3.1.2 Temperature Distribution Characteristics of the Solid Region

Figure 5.16 shows the temperature distribution in the solid region of the laminate
with different control runner lengths, and the temperature exhibits a linear decreasing
pattern from the inside (close to the absorption cavity) to the outside. A comparison
of the temperature at the outer low temperature end shows that under the same heating
conditions, the temperature minimum area of the laminate solid is large when the
control runner length is 2 mm, and the temperature minimum area is smallest when
the control runner length is 4 mm, suggesting that the cooling effect of the laminate
structure with 2 mm control runners is better, and the propellant obtains the most
energy from the laminates.

5.3.2 Effect of Control Runner Cross-Sectional Area on Heat
Transfer of Laminates

The cross-sectional area of the control runner is also an important factor affecting
the heating effect of the laminated heat exchanger core. Taking a control runner
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Fig. 5.14 Comparison of the speed distributions at the symmetric plane of the heat exchanger core
under different control runner lengths
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Fig. 5.15 Comparison of pressure distribution on the symmetric plane of the heat exchanger core
under different control runner lengths
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Fig. 5.16 Comparison of the temperature distribution at the symmetric plane in the solid area of
the heat exchanger core under different control runner lengths

length of 2.5 mm as an example, cases with the control runner cross-sectional areas
of 0.01, 0.02 and 0.03 mm2 are analyzed. The distributions of the temperature at the
symmetric plane of the three cases are shown in Fig. 5.17.

The symmetric plane with the lowest average temperature is selected for compar-
ison. The temperature at other locations is higher, and the temperature of the near
wall at the outlet is above 2300 K. A comparison of the temperature distribution
cloud map of the symmetric plane shows that in the dispersion region, the 0.01 mm2
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Fig. 5.17 Comparison of the cross-sectional areas of the control runners in the laminates

design has the best heating effect, and the heating temperature at the runner outlet
can exceed 2300 K. Under the same working conditions, for the 0.02 mm2 and 0.03
mm2 runner designs, the temperature is only approximately 2200 K and 2000 K,
respectively. The laminate outlet temperatures of the three designs are compared in
Table 5.2. With the increase in the cross-section of the control runner, the heating
effect of the heat exchanger core on the working fluid is reduced. The control runner
with a cross-sectional area of 0.01 mm2 has the best heating effect among the three
designs, followed by the control runner with a cross-sectional area of 0.02 mm2.
When considering the processing cost and difficulty, a finer control runner is no
longer desirable, and a runner of 0.02 mm2 is chosen as the final design; that is, a
circular control runner with a radius of 0.08 mm is chosen.
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Table 5.2 Comparison of the laminate outlet temperatures under different control runner cross-
sectional areas

Cross-sectional area (mm2) Temperature (K) Total temperature (K)

0.01 2356 2402

0.02 2279 2321

0.03 1980 2016
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Chapter 6
Simulation of the Heating of Laminated
Heat Exchanger Core Under Variable
Operating Conditions

6.1 Introduction

The laminated heat exchange core is the main part that heats the propellant/working
fluid in a solar thermal propulsion (STP) system. In this chapter, through a simulation
and analysis of the working process of a heat exchanger core with a laminate struc-
ture, the laminate heating characteristics of the STP system under variable operating
conditions are obtained.

6.2 Physical Model and Calculation Method
for the Laminate

6.2.1 Physical Model

The performance of a solar thermal propulsion (STP) systemunder variable operating
conditions is largely determined by the high-efficiency heat exchange microchan-
nels. The heat transfer performance of the laminates directly affects the thermal
performance parameters of the gaseous working fluid before entering the nozzle.

The heat exchanger core of a solar thermal thruster under variable working
conditions uses a laminated heat exchange microchannel structure, and the heat
exchange area between the propellant/working fluid and the heat exchanger core
wall is increased through shunting by multiple runners, fully heating the propellant/
gaseousworking fluid in the heat exchanger core, which improves the convective heat
transfer efficiency of the propellant/working fluid in the heat exchangemicrochannel.
Figure 6.1 shows the structure of a solar thermal thruster under variable working
conditions. The heat exchanger core structure is described in Sect. 5.2.1.
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Fig. 6.1 Solar thermal thruster under variable working conditions

Fig. 6.2 3D grid of circular heat exchange microchannels

Figure 6.2a and b show the results of the laminate model obtained by using a
structural grid and considering the actual shape of the heat exchange microchannel
and the effect of the vertical interlayer.

6.2.2 Control Equations

In a cylindrical coordinate system, the 3D NS equation in the conservation form can
be written as:

∂Q

∂t
+ ∂E

∂x
+ ∂F

∂y
+ ∂G

∂z
= ∂Ev

∂x
+ ∂Fv

∂y
+ ∂Gv

∂z
(6.1)

where



6.2 Physical Model and Calculation Method for the Laminate 95
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where u, vθ , and vr represent the speed in the z axial, circumferential θ and radial r
directions, respectively, and e is the internal energy contained in the unitmass of fluid.
Then, the total energy contained in the unit mass of fluid is E = e+ 1

2 (u
2 + v2θ + v2r ),

P is the fluid pressure, and ρ is the fluid density.
In each vector, the shear stress τ ij and heat transfer term qi are specifically

expressed as follows:
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qz = −k
∂T

∂z
, qθ = k

∂T

∂θ
, qr = k

∂T

∂r
(6.9)

The differential equation of the energy transport equation of the Fourier law of
heat transfer in the solid is:

∂2T

∂xj∂xj
= 0 (6.10)

where T is the solid temperature.
The energy equilibrium equation based on the finite element method is:

KT = Q (6.11)

where K is the transfer matrix, T is the nodal temperature vector, and Q is the nodal
heat flow rate vector.

The variation pattern of the solar radiation intensity versus the distance is shown
in the following equation [108–110].

Iλ,L = Iλ,0 exp

⎡
⎣−

L∫

0

βλ(y)dy

⎤
⎦ (6.12)

where y is the propagation direction of light, Iλ,L is the radiation intensity at y = L,
and Iλ,0 is the radiation intensity at y = 0.

βλ is the spectral attenuation coefficient:

βλ(x) = κλ(x) + σsλ(x) (6.13)

where kλ is the spectral absorption coefficient and σsλ is the spectral scattering
coefficient.

Using the standard Eα dual-equation turbulence model, the basic transport
equation is obtained as follows:
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where Tk and Tb are the turbulent kinetic energy generation term and the generation
term of turbulent kinetic energy due to buoyancy, respectively; XM is the pulsation
term in turbulent flow; Sk and Sε are user-defined source terms; αk and αε are the
Prandtl numbers corresponding to the turbulent kinetic energy k and dissipation rate
ε; and B1ε, B2ε and B3ε are empirical constants.

6.2.3 Boundary Conditions

The inner wall of the heat exchanger core is in close contact with the wall of the
absorption cavity, and the temperature in the absorption cavity can exceed 2300K, so
for the heat exchanger core, the boundary condition of the inner wall of the laminate
is set to 2400 K.

The propellant inlet conditions are obtained based on the calculation results for
each working condition in Sect. 3.6.3, as shown in Table 6.1. The inlet pressure
condition is set to 0.4 MPa.

6.3 Temperature Distribution Characteristics
of the Laminates

Figure 6.3 shows the temperature distributions of the 1/8 laminate and working
fluid obtained from the fluid–solid coupling heat transfer numerical simulation. The
temperature of the fluid part is heated from the initial 300–1800 K, and the temper-
ature of the solid part decreases from 2400 (at the inner side) to 1800 K, showing
a clear change. The simulation results show that the cross-sectional area and shape
of the heat exchange microchannel have little impact on the heating effect, and the
temperature of the working fluid at the center of the runner outlet after heating is
approximately 1800 K.

The total depth of the heat exchange microchannels in the calculation model
is 0.08 mm. Figure 6.4 shows the temperature distribution of the heat exchange
microchannels. The temperature distribution of the working fluid shows a gradual
rising trend from the inlet to the outlet of the channel. In addition, the temperature
distribution gradually increases from the center of the runner to the laminatewall. The
heat exchange microchannel is the main place where the working fluid is heated, but
the temperature gradient in the channel is relatively small; theworking fluid is rapidly

Table 6.1 Boundary conditions for propellant inlets

Working condition 0.1 N 0.2 N 0.3 N 0.4 N 0.5 N

Mass flow rate (× 105 kg/s) 1.178 2.356 3.534 4.713 5.891

Pressure (MPa) 0.6 0.6 0.6 0.6 0.6
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Fig. 6.3 Temperature distribution of the laminates and working fluid

heated to approximately 1400 K after entering the runner. As shown in Fig. 6.4a, the
temperature of the working fluid in the center of the symmetric plane of the runner is
increased to approximately 1800 K at the laminate outlet, and the temperature of the
working fluid in the runner near the laminate also exceeds 2200 K. The working fluid
temperature distribution of a heat exchange microchannel with a depth of 0.04 mm
is shown in Fig. 6.4b. The temperature of the working fluid in the runner near the
laminate wall is close to 2300 K, and the overall temperature distribution is similar
to that of the symmetric plane. Figure 6.4c shows the temperature distribution in
the heat exchange microchannel near the laminate wall, and the temperature of the
working fluid at the runner outlet basically reaches approximately 2300 K.

Divided along the circumferential direction of the laminates, the temperature
distribution of the solid part inside the laminated heat exchanger core is shown in
Fig. 6.5. The temperature at the inner side of the heat exchanger core (i.e., working
fluid inlet) is approximately 2400 K, and the temperature at the outer side (i.e.,
working fluid outlet) is approximately 1800 K. In general, the temperature distribu-
tion of the entire heat exchanger core varies from 1800 to 2400 K. The fluid–solid
coupling method is used in the simulation. Due to the restriction of the mutual influ-
ence between the fluid and the solid, the temperature of the solid part of the laminate
exhibits a gradient change with the fluid flow. For the temperature of the solid part of
the laminate, the temperature of the cold end of the solid is 1800 K, and the temper-
ature of the hot end of the solid is 2400 K, indicating that the cooling effect of the
working fluid on the solid part is superior, and the working fluid is heated to a higher
temperature.

Figure 6.6 shows the fluid speed distributions obtained from the cross-sections
extracted at different depths of the laminated heat exchange microchannels.
Figure 6.6 shows that before theworkingfluid enters the heat exchangemicrochannel,
the flow speed of the working fluid is approximately 500 m/s and does not change
significantly, the flow speed of the working fluid at the center of the heat exchange
microchannel is the highest, the flow speed at the symmetric plane can reach a
maximum of 2500 m/s, the flow speed near the wall is approximately 1000 m/s, and
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Fig. 6.4 Cross-sectional temperature distribution of the fluid part inside the laminated heat
exchanger core

Fig. 6.5 Cross-sectional
temperature distribution of
the solid part inside the
laminated heat exchanger
core
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the speed of the working fluid at the center of the channel decreases toward the wall,
which is due to the existence of the fluid boundary layer.

Figure 6.7 shows the pressure distribution in the heat exchange microchannels at
the symmetric plane of the runners in the laminated heat exchanger core. As shown
in Fig. 6.7, after passing through the heat exchange microchannel, the fluid temper-
ature and speed are greatly increased, and the fluid pressure gradually decreases
from 0.4 MPa at the inlet to approximately 0.3 MPa at the outlet of the heat
exchange microchannel. The pressure drop in the heat exchanger core is approx-
imately 0.1 MPa, which has little impact on the performance of the thruster under
variable working conditions. Therefore, when considering changing the thrust of the
thruster, the propellant inlet pressure can be maintained at 0.4 MPa, and the thrust
can be changed only by changing the solar radiation energy and the propellant flow
rate.

Fig. 6.6 Working fluid speed distribution in the cross-sections at different depths
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Fig. 6.7 Fluid pressure
distribution in the laminated
microchannels

6.4 Effect of Laminated Structure Parameters
on the Heating Effect Under Variable Working
Conditions

6.4.1 Runner Cross-Sectional Area

The cross-sectional area of the heat exchange microchannels of the heat exchanger
core affects the heating of the working fluid in the runner, which has a certain impact
on the flow speed and temperature of the working fluid. Simulation analysis of the
working fluid temperature distribution pattern with different cross-sectional areas of
the heat exchange microchannel was performed, with the length of the heat exchange
microchannel being 2.5mm. Figure 6.8 shows the temperature distribution cloudmap
on the symmetric plane of the working fluid under different situations.

An analysis of the working fluid temperature distribution pattern in the runners
with different cross-sectional areas shows that in the heat exchange microchannel,
the 0.01 mm2 runner has the best heating effect, and temperature at the runner outlet
can exceed 2300 K. Under the same working conditions, for runners of 0.02 mm2

and 0.03 mm2, the temperature can only reach approximately 2200 K and 2000 K,
respectively. The simulation results show that the smaller the cross-sectional area,
the higher the temperature of the working fluid after heating, the greater the internal
energy obtained by the working fluid, the greater the kinetic energy obtained by the
thruster, and the better the performance.

An integration mean of cross-sectional temperature distribution at the outlet
of a laminated runner with different cross-sectional areas is performed. Table 6.2
shows a comparison of the temperatures at the outlet of a laminated runner with
different cross-sectional areas.With the increase in the cross-sectional area of the heat
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Fig. 6.8 Temperature
comparison of the laminated
heat exchange
microchannels with different
cross-sectional areas
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Table 6.2 Comparison of temperatures at the exit of the layers with different cross-sectional areas
of the flow passages

Cross-sectional area (mm2) Temperature (K) Total temperature (K)

0.01 2356 2402

0.02 2279 2321

0.03 1980 2016

exchange microchannel, the heating effect of the heat exchanger core on the working
fluid decreases. The simulation results show that the heat exchange microchannel
with a cross-sectional area of 0.01 mm2 has the best heating effect, followed by
the heat exchange microchannel with a cross-sectional area of 0.02 mm2, and the
heat exchange microchannel with a cross-sectional area of 0.03 mm2 has the worst
heating effect. Based on the economic cost of thruster processing and the difficulty
of aperture processing in engineering, a circular heat exchange microchannel with a
cross-sectional area of 0.02 mm2 is selected.

6.4.2 Effect of Runner Length

The structural parameters of the laminated heat exchanger core affect the heating
effect of the laminates to a certain extent. The simulation studies the influences of
the lengths and cross-sectional areas of the heat exchange microchannels on the
heating effect.

For heat exchange microchannels of different lengths, the numerical simulation
obtains the working fluid temperature distribution cloud map on the symmetric plane
of the laminate, as shown in Fig. 6.9. The heat exchange microchannels have a
significant effect on the heating of working fluid. When only parallel laminates are
used to heat the working fluid, the heating effect is very poor, and the temperature of
the working fluid after heating is only approximately 1000 K. After heat exchange
microchannels are used, the working fluid can be heated to above 1800 K.

By performing area integration on the cross-section at the runner outlet, the
average temperature and average total temperature of the cross-section at the outlet
are shown in Table 6.3. With increasing runner length, the temperature of the cross-
section at the outlet first increases and then decreases and then increases; the working
fluid speed of the cross-section at the outlet also shows a pattern of increasing–
decreasing–increasing. The change in total temperature is relatively monotonic, and
the total temperature gradually decreases with increasing length. Comprehensive
analysis shows that when the heat exchange microchannel length is 2–3 mm, the
total temperature at the outlet of the runner is relatively high, and the flow speed
is relatively high, which is beneficial for improving the overall performance of the
thruster.
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Fig. 6.9 Temperature distribution pattern of the working fluid at the symmetric plane with different
runner lengths
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Table 6.3 Comparison of the outlet temperature and flow speed of the laminated heat exchange
microchannel with different lengths

Length (mm) Temperature (K) Speed (m/s) Total temperature (K)

1 2162 845 2186

2 2192 871 2163

3 2137 867 2163

4 1962 909 1990

5 1970 795 1993

Figure 6.10 shows the trend of the average temperature and the average total
temperature at the outlet of the heat exchanger core with different heat exchange
microchannel lengths. After entering the heat exchange microchannel, the working
fluid is rapidly heated to a relatively high temperature. The longer the channel is, the
larger the flow speed of the working fluid is in the channel, but the heating effect can
be reduced. Considering the overall quality requirement and structural design of the
thruster, a 2–3 mm long heat exchange microchannel is preferred.

The temperature distributions at the cross-sections at the outlet of heat exchanger
core under different heat exchange microchannel lengths are shown in Fig. 6.11.
As the length of the heat exchange microchannel increases, the proportion of the
high-temperature area at the cross-section at the outlet of the channel also gradually
increases. This is because the longer the heat exchange microchannel is, the more
strongly the propellant is compressed before entering the runner, and the larger the
temperature gradient is. Once the runner length exceeds 3 mm, there is a trend of a

Fig. 6.10 Comparison of the average temperature and average total temperature at the outlet of the
heat exchanger core under different heat exchange microchannel lengths
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Fig. 6.11 Temperature distribution at the cross-section of the outlet of the heat exchanger core
under different control runner lengths

proportional low-temperature area of the propellant increasing and a proportional
high-temperature area of the propellant decreasing at the outlet, suggesting that
continued lengthening of the heat exchange microchannel could reduce the heating
effect on the propellant. The comparison of the speed distribution of the working
fluid at the symmetric plane of the heat exchanger core under different heat exchange
microchannel lengths is shown in Fig. 6.12. Figure 6.12 shows that although the speed
of the high-temperature part at the outlet is slower than that of the mainstream part,
the flow at the outlet of the heat exchanger core is not stationary, with a minimum
speed of 500 m/s.

Therefore, using 2–3 mm as the length of the heat exchange microchannels is
optimal for the heating effect. The average temperature of the propellant at the
laminate outlet is 2192 K.

Figure 6.13 shows the temperature distribution of the solid part of the laminate
obtained from the simulation analysis of the heat exchange microchannels with
different lengths. In Fig. 6.13, the temperature distribution of the solid part of the
laminate shows a gradually decreasing trend from the inside to the outside. The larger
the temperature difference is between the inside and the outside of the solid part, the
more the heat is transferred by the working fluid, and the higher the heat transfer
efficiency of the laminates is, that is, the higher the working fluid temperature is.
The design of 2 mm heat exchange microchannels has the best heating effect when
the total length of the laminated runner is approximately 8 mm, so when the heat
exchange microchannel is one-quarter of the total length, the working fluid obtains
the most energy from the laminates.
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Fig. 6.12 Comparison ofworking fluid speed distribution on the symmetric plane of heat exchanger
core under different heat exchange microchannel lengths
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Fig. 6.13 Comparison of the temperature distribution at the symmetric plane in the solid area of
the heat exchanger core under different heat exchange microchannel lengths
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Chapter 7
Dissociation Characteristics Simulation
of Ammonia, a Propellant for Solar
Thermal Propulsion

7.1 Introduction

The ideal working temperature of a solar thermal propulsion (STP) system is gener-
ally above 2200K, and at this temperature, ammonia (NH3) can dissociate; therefore,
it is not accurate to use a single ammonia propellant for the calculation and analysis
of thruster performance, and the components of the mixture after ammonia disso-
ciation should be considered. The mixture after ammonia dissociation is composed
of atoms and molecules. Since the temperature usually does not exceed 3000 K
(it is difficult for high-temperature resistant materials to achieve this temperature),
the existence of ionic components can be completely ignored. For vibrational exci-
tation, only molecular nitrogen and hydrogen are considered, which have stable
vibrational excitation levels. This chapter focuses on the effect of chemical reactions
on the propellant temperature and thruster performance. In an actual 3D flow field,
the dissociation characteristics and temperature variation of the ammonia propellant
mixture are completely different from those of lumped parameters. The 3D flow
field distribution and component distribution pattern are obtained through numerical
simulation. This chapter mainly discusses the flow and composition change pattern
of the ammonia propellant mixture inside of the heat exchanger core and the nozzle.

7.2 Dissociation Reaction Models and Calculations

7.2.1 Dissociation Reaction Model

The finite-rate chemistry (FRC)model is used for calculations of the ammonia disso-
ciation process. The flow control equations are 3D compressible NS equations and
solved by the finite volume method. The discrete format is the second-order upwind
scheme.
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The main components of ammonia gas after dissociation are N, H, N2, H2, NH,
NH2, NNH, and N2H2. In the temperature range of 2000–3000 K, the main chemical
reactions involved [96] are shown in Table 7.1.

Table 7.1 Arrhenius coefficient of ammonia dissociation reaction

Reaction number Reaction A δ Eα /(J·mol−1)

1 NH3 +M = NH2 + H
+M

2.20 × 1016 0.00 93,468

2 NH3 + H = NH2 + H2 6.36 × 105 2.39 10,171

3 H2 +M = H + H +M 2.19 × 1014 0.00 95,970

4 NH+M= N+ H+M 2.65 × 1014 0.00 75,500

5 NH + H = H2 + N 3.60 × 1013 0.00 325

6 NH + N = N2 + H 3.00 × 1013 0.00 0.0

7 NH + NH = N2 + H +
H

5.10 × 1013 0.00 0.0

8 NH2 +M = NH + H
+M

3.16 × 1023 –2.0 91,400

9 NH2 + H = NH + H2 4.00 × 1013 0.0 3650

10 NH2 + N = N2 + H +
H

7.20 × 1013 0.0 0

11 NH2 + NH = N2H2 +
H

1.50 × 1015 –0.5 0

12 NH2 + NH2 = NH3 +
NH

5.00 × 1013 0.0 10,000

13 NH2 + NH2 = N2H2 +
H2

5.00 × 1011 0.0 0

14 NNH +M = N2 + H
+M

2.00 × 1014 0.0 20,000

15 NNH + H = N2 + H2 4.00 × 1013 0.0 3000

16 NNH + NH = N2 +
NH2

5.00 × 1013 0.0 0

17 NNH + NH2 = N2 +
NH3

5.00 × 1013 0.0 0

18 N2H2 +M = NNH +
H +M

5.00 × 1016 0.0 50,000

19 N2H2 + H = NNH +
H2

5.00 × 1013 0.0 1000

20 N2H2 + NH = NNH +
NH2

1.00 × 1013 0.0 1000

21 N2H2 + NH2 = NNH
+ NH3

1.00 × 1013 0.0 1000



7.2 Dissociation Reaction Models and Calculations 113

Fig. 7.1 Gridding of the calculation region

7.2.2 Structural Parameters and Gridding

To improve heat exchange efficiency, the laminated microchannel structure is used
in the design of the thruster heat exchanger core. Using flow shunting, the heat
exchange area between the working fluid and the thrust chamber wall is increased,
and the convective heat transfer in the heat exchange channel is improved. Therefore,
the working fluid is fully heated in the thrust chamber. In the design, there are
9 laminates, the thickness of a single laminate is 2 mm, and the inner and outer
diameters of the laminate are 32 mm and 49 mm, respectively, so the radial length of
the laminate is 8.5 mm; the diameter of the control runner is 0.16 mm, and the length
of the control runner is 1.5 mm. The calculation region is mainly composed of the
following three parts: the fluid–solid coupling heat exchanger core, interlayer and
nozzle. The gridding is shown in Fig. 7.1. Due to the axisymmetric characteristics of
the thruster structure, to reduce the calculation volume, half of the single runners in
the laminate structure are taken in the calculation. The upper, lower, left, and right
sides of the model are symmetric planes, and the circumferential angle in the model
is 22.5°.

7.2.3 Boundary Conditions

The working fluid inlet pressure Pc = 0.8 MPa, and the inlet temperature Ti =
300 K. In the calculations considering the ammonia dissociation reaction, the compo-
nent at the inlet isNH3 only. The nozzle exhaust is under vacuum, the pressurePe = 0,
and the exhaust temperature Te = 300K. The solar radiation power on the inner wall
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of the heat exchanger core is 1.2 × 106 W/m2, and the outer wall is set to adiabatic
conditions.

7.3 Effect of Dissociation Reaction of Ammonia Propellant
on the Heating Effect of the Heat Exchanger Core

7.3.1 Simulation of 1D Flow Characteristics

To understand the overall high-temperature dissociation characteristics of ammonia,
the CHEMKIN program is used to calculate the dissociation reaction of ammonia in
the flow process, and the parametric characteristics of the 1D flow of ammonia high-
temperature dissociation are obtained. The runner length is 0.3m. In the calculations,
the initial temperature of ammonia is given, and the variation pattern of the ammonia
mixture components along the flow direction is calculated. Figure 7.2 shows the
dissociation characteristics of the ammonia propellant at 2400 K. H2 and N2 are the
main products, and the concentrations of intermediates N, H, NH, NH2, NNH and
N2H2 are very small and close to 0 in the figure.

Figure 7.3 shows the variation pattern of the average molar mass of the dissoci-
ation mixture at three temperatures of 2200, 2400 and 2600 K. As the temperature
increases, the ammonia dissociation increases, and the average molar mass of the
mixture decreases. Along the flow path of the working fluid, the average molar mass
of the working fluid also decreases significantly. Taking 2400 K as an example, when
equilibrium is reached, the average molar mass is already less than 11 g/mol.

Fig. 7.2 Changes in the dissociation components of ammonia propellant at 2400 K
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Fig. 7.3 Average molar mass change of the mixture

Figure 7.4 shows the effect of temperature on the mole fraction of the ammonia
propellant after being heated, and Fig. 7.5 shows the effect of heating temperature on
the dissociation of ammonia gas. As shown in Fig. 7.4, as the temperature increases,
the dissociation of ammonia intensifies. When the temperature exceeds 2600 K, the
mole fraction of ammonia in the mixture at equilibrium is only 0.1, and the degree
of dissociation is 0.85. On the other hand, when the temperature is 2200 K, the mole
fraction of the mixture is approximately 0.4, and the degree of dissociation is 0.50.
The degree of dissociation is calculated based on the temperature consistency in the
ammonia propellant flow. In the actual flow field, due to the nonuniform distribution
of temperature and speed, the actual degree of dissociation is lower than the calculated
value, and the mole fraction of ammonia is larger.

7.3.2 Simulation of Distributed Parameter Characteristics

The initial state of the propellant at the inlet is ammonia gas. Under this working
condition, a 3D fluid–solid coupling heat transfer model is established to simulate
the dissociation reaction.

Figure 7.6 shows the 3D distribution cloudmap of the temperature of the ammonia
propellant mixture, and Fig. 7.6a and b show different angles. In the laminated heat
exchanger core, since the ammonia dissociation process is an endothermic reaction,
the calculated temperature distribution when the dissociation reaction is considered
is slightly lower than that without considering the dissociation reaction. The tempera-
ture distribution of the heat exchanger core sections is shown in Fig. 7.7, with the left
showing the temperature distribution without considering the dissociation reaction
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Fig. 7.4 Changes in the mole fraction of ammonia at different temperatures

Fig. 7.5 Changes in the degree of dissociation of ammonia at different temperatures

and the right showing the temperature distribution when considering the dissociation
reaction. Figure 7.7 shows that, for the laminated heat exchanger core, because of
the fast flow speed of the working fluid in the control runner, the temperature of the
dispersion area close to the control runner is relatively low, and the temperature in
other locations in the dispersion area is high. However, after further heating of the
interlayer, the flows with temperature differences meet in the interlayer, and then the
temperature gradually becomes the same.When reaching the front end of the nozzle,
the temperature difference is very small. The average temperature at the nozzle inlet



7.4 Effect of Dissociation Reaction of Ammonia Propellant on Nozzle … 117

(a) (b)

Fig. 7.6 3D distribution cloud map of the temperature of ammonia propellant mixture gas

when considering the dissociation reaction is 2323 K, which is very close to the
calculation result without considering the dissociation reaction (2340 K).

Figure 7.8 shows the changes in the mass fraction distribution of the ammonia
dissociation components in the heat exchanger core.

As shown in Fig. 7.8, the dissociation of ammonia in the control runner is not
sufficient, and the mass fraction of ammonia in the mixture is still more than 30%.
With diffusion in the dispersion area and increasing temperature, the dissociation of
ammonia continuously increases.

After the heat exchanger core and the interlayer are heated, the mass fraction and
mole fraction distributions of each component after the ammonia gas is dissociated
before entering the nozzle are shown in Table 7.2. The average molar mass at the
nozzle inlet is 10.036 g/mol. The dissociation reaction process during the heating
process is not sufficient, and the dissociation reaction of ammonia gas after the
heat exchanger core and the interlayer are heated is insufficient, with the degree of
dissociation being 0.143.

7.4 Effect of Dissociation Reaction of Ammonia Propellant
on Nozzle Performance

In this section, the effect of the dissociation reaction of ammonia propellant on the
performanceof the nozzle is analyzed.Theflowspeedvector distribution in the nozzle
without considering the ammonia dissociation reaction is shown in Fig. 7.9. After
integration, the specific impulse of the nozzle is 219 s. Figure 7.10 shows the flow
speedvector distribution in the nozzle considering the ammonia dissociation reaction.
The specific impulse of the system can increase to 251 s with the consideration of
the chemical reaction. The main reason is that after the dissociation of ammonia, the



118 7 Dissociation Characteristics Simulation of Ammonia, a Propellant …

(a) Temperature distribution on the symmetric (b) Temperature distribution on the symmetric 

plane without considering the dissociation 

reaction

plane when considering the dissociation reaction

(c) Temperature distribution in the middle area

without considering the dissociation reaction

(d) Temperature distribution in the middle area 

region when considering the dissociation reaction

(e) Temperature distribution near the wall without 

considering the dissociation reaction

(f) Temperature distribution near the wall when 

considering the dissociation reaction

Fig. 7.7 Comparison of the temperature of the heat exchanger core sections
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Fig. 7.8 Changes in the
distribution of the ammonia
dissociation components in
the heat exchanger core

(a) N (b) H

(c) NH (d) N2

(e) H2 (f) NH2

(g) NNH (h) N2H2

(i) NH3



120 7 Dissociation Characteristics Simulation of Ammonia, a Propellant …

Table 7.2 Component
distribution at the nozzle inlet Component Mass fraction Mole fraction

N 7.4 × 10–5 5.31 × 10–5

H 2.37 × 10–4 2.36 × 10–3

NH 2.98 × 10–4 1.99 × 10–4

N2 0.568 0.204

H2 0.123 0.612

NH2 3.01 × 10–3 1.88 × 10–3

NNH 3.32 × 10–5 1.15 × 10–5

N2H2 1.64 × 10–4 5.47 × 10–5

NH3 0.305 0.180

average molar mass of the working fluid decreases. The calculated average molar
mass of the working fluid along the axial direction of the nozzle decreases from 14.8
to 13.8 g/mol. After passing through the nozzle throat, the dissociation reaction no
longer occurs due to the rapid decrease in the temperature of the working fluid, and
the average molar mass is also no longer changed. On the other hand, the molar mass
of the ammonia propellant without considering the chemical reaction is 17 g/mol,
and the change in the specific impulse is consistent with the theoretical increase in the
specific impulse brought about by the decrease inmolar mass.With the consideration
of the ammonia dissociation reaction, the actual performance of the thruster is greatly
improved, and ammonia gas is more competitive as a propellant.

If the temperature of the thruster heat exchanger core is further increased, the
dissociation of ammonia can increase, and the specific impulse of the thruster can be
further increased. When the dissociation reaction is not considered, the nozzle inlet

Fig. 7.9 Flow speed vector distribution in the nozzle without considering the ammonia dissociation
reaction (unit: m/s)
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Fig. 7.10 Flow speed vector distribution in the nozzle considering the ammonia dissociation
reaction (unit: m/s)

temperature is 2540 K, and the specific impulse of the thruster is 224 s. When the
dissociation reaction is considered and the nozzle inlet temperature is 2540 K, the
degree of dissociation of ammonia is 43%, and the specific impulse of the thruster
can reach 302 s, indicating that the performance of the thruster is greatly improved.
Therefore, although the ammonia dissociation reaction can slightly lower the temper-
ature of the working fluid when mixed with components compared to the case of a
single working fluid, the increase in the specific impulse of the thruster after passing
the nozzle is not affected.

Figure 7.11 shows a mass distribution cloud map of each component in the
nozzle under the condition that the heat exchanger core wall temperature is 2400 K.
Figure 7.11 shows that due to the high temperature in the nozzle contraction section,
the dissociation reaction still proceeds, and therefore, the mass fraction of NH3 still
decreases continuously. In the nozzle expansion section, due to the low tempera-
ture, the reaction basically no longer occurs; therefore, the mass fraction of the NH3

component basically remains unchanged, and it is difficult for other components
to recombine into NH3. The distribution patterns of the N2 and H2 components
are similar. The concentration in the nozzle contraction section increases, and after
passing through the throat, the concentration in the diffusion sectionbasically remains
unchanged, and the distribution is uniform. The concentrations of other components
are all low, and these components are intermediate products with a short residence
time before being quickly converted to more stable N2 and H2. For components with
low concentration, such as N, H, and N2H2, the changing pattern is similar. The
concentration increases along the nozzle flow direction, and the distribution charac-
teristics are similar to the temperature cloud map, indicating that as the temperature
decreases, the formation reactions of N, H, and N2H2 dominate, and the concen-
trations increase. However, since the overall concentration is only on the order of
10–5–10–4, the impact on nozzle performance is very slight. The changes in NH and
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NH2 concentrations are similar, with the concentrations decreasing along the flow
direction of the nozzle. The concentrations are on the order of 10–4 and 10–3. The
concentration of NNH decreases in the contraction section, has a minimum value
in the throat, and then gradually increases in the expansion section, with a concen-
tration on the order of 10–5. Analysis shows that the molar factions of N, H, NH,
NH2, NNH and N2H2 in the final products are very small, which does not affect the
performance of the thruster nozzle, but they are important intermediate products to
generate the final products N2 and H2, and their role cannot be ignored. The change
in the mole fraction of each component in the nozzle when the heat exchanger core
wall temperature is 2600 K is shown in Fig. 7.12.

Fig. 7.11 Changes in the mass fraction distribution of each component in the nozzle
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(a) N (b) H

(c) NH (d) N2

(e) H2 (f) NH2

(g) NNH (h) N2H2

(i) NH3

Fig. 7.12 Changes in the mole fraction distribution of each component in the nozzle
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The changes in the mole fractions of the main dissociation components, N2, H2

and NH3, along the nozzle axis are shown in Fig. 7.13. The mole fractions of N2

and H2 first increase at the nozzle inlet and then do not change. The reason is that
the temperature inside the nozzle is not high enough to maintain the dissociation
reaction, and there is no change in the nozzle expansion section, which is in a state
of frozen flow.

Figure 7.14 shows the variation pattern of all components. Figure 7.14 shows that
the variation characteristics of the dissociation products in the nozzle are similar
to those of the 1D flow simulation in the previous section. The mole fractions of
intermediates such as N and H in the nozzle are very small because intermediates
such as N and H are unstable and can further react to form N2 and H2.

Figure 7.15 shows the trend of each elementary reaction rate in the nozzle.
Figure 7.15 shows that the reactions are mainly concentrated at the nozzle inlet.
As the temperature of the produced mixture in the nozzle decreases, the reaction rate
gradually decreases to 0, and no elementary reactions occur.

Fig. 7.13 Changes in N2, H2 and NH3 along the nozzle
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Fig. 7.14 Mole change of dissociation products along the nozzle

Fig. 7.15 Trend of each
elementary reaction rate in
the nozzle
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Chapter 8
Integrated Design of Solar Thermal
Propulsion and Task Optimization

8.1 Introduction

In previous chapters, the secondary concentrator, absorption cavity, heat exchanger
core, and nozzle of the solar thermal propulsion (STP) system are integratedly
designed, and regenerative cooling and laminated heat exchange technologies are
used to effectively combine these components. This chapter analyzes the overall
efficiency of the STP system and uses quantum genetic algorithms to perform a
multiobjective optimization for space missions.

8.2 Efficiency Analysis of STP System

Taking the propellant of the solar thermal thruster as the study object, according to the
energy balance relationship, the changing rate of the enthalpy rise of the propellant
gas is equal to the difference between the solar power received by the thruster and
the heat loss rate of the thruster to the outside:

ṁ(hi − he) = Q̇solar − Q̇loss = Q̇solar − (1− η)Q̇solar = ηQ̇solar (8.1)

where η is the heat transfer efficiency of the solar thermal thruster, hi, he are the
specific enthalpy of the propellant at the inlet and outlet of the heat exchanger, Q̇solar

is the solar power received by the primary concentrator, and ṁ is the mass flow rate
of the propellant.

The thermal efficiency of STP system is defined as:

ηt = ṁhe + 1
2 ṁv

2
e

ṁhi + P
(8.2)
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Propulsion efficiency can be defined as

η = ṁv2e
2(ṁhi + P)

(8.3)

In the design of the thrust chamber parameters, the temperature of propellant
hydrogen (1300K) is selected as the qualitative temperature, and other parameters are
as follows: the density ρ = 0.0189 kg/m3, themolarmassM = 2.016×10−3 kg/mol,
the specific heat ratio γ = 1.404, the average specific heat capacity at constant
pressureCp = 1.56×104 J/(kgK), the dynamic viscosityμ = 24.08×10−6 kg/(m s),
and the average thermal conductivity k = 0.568W/(mK).

First, the effects of thrust chamber pressure and concentration ratio on thruster
performance are analyzed. Based on the simulation results of the laminated heat
exchanger core and regenerative cooling in the previous chapters, the performance
parameters of the thruster, such as the specific impulse, thrust and thermal efficiency,
are calculated.

The variation in the total propellant temperature versus the concentration ratio
under different thrust chamber pressures is shown in Fig. 8.1. As the concentration
ratio increases, the possible total propellant temperature gradually increases, and
with the increase in thrust chamber pressure, the total propellant temperature shows
an overall decreasing trend. At pressures greater than 0.4 MPa, it is difficult for the
total propellant temperature to reach 2000 K. The variation in the thermal efficiency
of the system versus the concentration ratio under different thrust chamber pressures
is shown in Fig. 8.2. As shown in Fig. 8.2, under the condition of a constant thrust
chamber pressure, the thermal efficiency of the thruster shows an upward trend as the
concentration ratio increases, and with the increase in the thrust chamber pressure,
the thermal efficiency of the thruster shows an overall increasing trend. The trend
of thermal efficiency to increase with the increase in the concentration ratio also
gradually decreases. When the chamber pressure is greater than 0.3 MPa, the effect
of the change in the concentration ratio on the thermal efficiency is negligible. The
chamber pressure of 0.3 MPa is the critical point under this working condition, and
the variation in thermal efficiency is ignored when the concentration ratio is greater
than 5000. On the other hand, when the chamber pressure is 0.2 MPa, the efficiency
is low.

For the propulsion efficiency of the system, when the chamber pressure is greater
than 0.3 MPa, the effect of the concentration ratio on the efficiency is negligible, as
shown in Fig. 8.3. When the concentration ratio is greater than 5000, the efficiency
at the chamber pressure of 0.3 MPa is very close to that at 0.4–0.8 MPa. On the other
hand, when the chamber pressure is 0.2 MPa, the efficiency is low.

Under different pressures, the variations in the specific impulse and thrust versus
the concentration ratio are shown in Figs. 8.4 and 8.5. As shown in Fig. 8.4, as the
concentration ratio increases, the specific impulse obtained by the thruster gradually
increases, and as the pressure increases, the specific impulse of the thruster shows an
overall decreasing trend. As shown in Fig. 8.5, as the concentration ratio increases,
the thrust obtained by the thruster shows a decreasing trend. In addition, as the
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Fig. 8.1 Variation in total temperature versus concentration ratio under different thrust chamber
pressures
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Fig. 8.2 Variation of thermal efficiency of the system versus concentration ratio under different
thrust chamber pressures

pressure increases, the thrust of the thruster shows an overall rising trend, while
when the pressure is low, the variation in the thrust versus the concentration ratio is
not significant.

According to the analysis results, when the chamber pressure is high, such as 0.8
MPa, greater thrust and higher thermal efficiency can be obtained, but the achievable
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Fig. 8.4 Variation in the specific impulse versus concentration ratio under different thrust chamber
pressures

kinetic energy efficiency of the system does not increase significantly compared to
that at 0.3 MPa. Under this condition, the specific impulse is too low, so it is not
an ideal choice. A comprehensive comparison shows that a chamber pressure of
0.3 MPa is a more suitable choice, the specific impulse can be greater than 800 s,
and the thrust should be approximately 2 N. Similarly, for concentrators with other
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diameters, there exists a superior choice of chamber pressure. It is feasible to set the
chamber pressure according to the specific impulse and thrust needed for different
space tasks.

The specific impulse is an important performance parameter in a space propulsion
system. Under the premise of ensuring the maximum specific impulse of the system,
the influences of the concentrator diameter and the concentration ratio on the specific
impulse, thrust, and thermal efficiency of the system are analyzed.

Under a certain concentration ratio, the highest temperature that the absorption
cavity can obtain is fixed, and the corresponding specific impulse is the highest one
that can be obtained under this concentration ratio, regardless of the influence of
the input energy. The variation pattern of the maximum temperature and maximum
specific impulse of the absorber of thruster versus the concentration ratio is shown
in Fig. 8.6. As the concentration ratio increases from 1000 to 10000, the highest
temperature of the absorber increases from1680 to 2990K, and themaximumspecific
impulse increases from 687 to 916 s.

The variation in the thermal efficiency of the system versus the concentration
ratio under different diameters of the primary concentrator is shown in Fig. 8.7.
As shown in Fig. 8.7, as the concentration ratio increases, the thermal efficiency
of the thruster decreases, and with the increase in concentrator diameter, that is,
the increase in incident solar power, the overall thermal efficiency shows an overall
increasing trend. The decreasing trend of thermal efficiency also gradually decreases
as the concentration ratio increases. For a propulsion system using 1 m diameter
concentrators, the thermal efficiency of the thruster is most affected by the change
in the concentration ratio. With the increase in the concentration ratio, the thermal
efficiency decreases from 0.845 to 0.796, with a large variation range. On the other
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Fig. 8.6 Variations in the maximum temperature and specific impulse of the thruster versus the
concentration ratio

hand, for the propulsion system using 4 m diameter concentrators, the thermal effi-
ciency of the thruster is least affected by the change in concentration ratio; under
the same change in concentration ratio, the thermal efficiency only decreases from
0.884 to 0.881. Under the same concentration ratio, the temperature of the thruster
is a fixed number, and the corresponding heat loss is also a fixed number. Therefore,
when the input solar power is small, the thermal efficiency is correspondingly low.
Heat loss accounts for a large proportion of the total energy, and thus the impact on
thermal efficiency is severe.

The variation in the thrust versus the concentration ratio under the different
primary concentrator diameters is shown in Fig. 8.8. As shown in Fig. 8.8, as the
concentration ratio increases, the thrust obtained by the thruster shows a decreasing
trend, and with the increase in concentrator diameter, that is, the increase in incident
solar power, the thrust of the thruster shows an overall increasing trend, which is
the same as the change in thermal efficiency. However, different from the change in
thermal efficiency, the decreasing trend of the thrust with the increase in the concen-
tration ratio gradually increases with the increase in diameter. For the propulsion
system using 4 m diameter concentrators, the thrust is most affected by the change in
concentration ratio; with the increase in concentration ratio, the thrust decreases from
4.682 to 3.195 N, with a large variation range. On the other hand, for the propulsion
system using 1 m diameter concentrators, the thrust of the thruster is least affected
by the change in concentration ratio. Under the same change in concentration ratio,
the thrust only decreases from 0.277 to 0.178 N.
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8.3 Application and Optimization of Solar Thermal
Propulsion

8.3.1 Applications for Space Propulsion

The power system used for space propulsion requires good performance, high relia-
bility, simple structure, long service life, and the ability to be started in spacemultiple
times. STP technology can meet these performance requirements. The space propul-
sion system and the payload are sent into a predetermined orbit by the launch vehicle,
and the propellant used in the system must be carried during the process from take-
off to the predetermined orbit, so the structure mass of the space propulsion system
affects the payload, and the propellant mass carried also affects the lifetime of the
propulsion system and the spacecraft. In other words, increasing the specific impulse
of the propulsion system or greatly reducing the weight of the space propulsion
system can extend the working time of the spacecraft in orbit, thereby increasing
the service life of the spacecraft and reducing the cost. Monopropellant and double-
propellant chemical rocket propulsion systems are highly developed, and this mature
technology and durable can provide spacecraft with the long-term storage and inter-
mittent start-up capability needed for various flight maneuvers. However, the specific
impulse of the chemical propulsion system is relatively low (the maximum specific
impulse of the double-propellant chemical propulsion system is approximately 450
s), and the system is complex and bulky. If chemical propulsion systems are used
for special tasks, such as orbital transfer, orbital correction, attitude control, docking
and rendezvous, position maintenance, north–south station-keeping (NSSK) orbit
control and interplanetary navigation of space vehicles, the launching costs of space
vehicles, which have always been expensive, will remain high, and the service life
could be seriously affected, thus making long-distance interplanetary voyages and
deep-space exploration impractical.

At present, all the major leading countries in space exploration are looking for
novel small-thrust nonchemical propulsion systems that offer high performance, low
cost, small volume, light weight, and low power consumption. Among them, electric
propulsion is attractive and technically easy to achieve. Electric propulsion systems
have the characteristics of high specific impulses, small thrusts, light weights, small
volumes, low working fluid consumption, and certain electric power requirements.
The use of electric propulsion with a high specific impulse (up to 300–5000 s)
can save fuel and increase payload, which is important for deep space exploration,
especially interplanetary exploration. The only disadvantage is that the thrust of
an electric propulsion system is very slight (0.001–l N), and it takes a long time
to complete the acceleration process, which adds difficulty to the design of orbit
transfer, ascension, deep space exploration, and interstellar navigationmissionswhen
using small thrust propulsion systems. For example, SMART-1, the first European
Space Agency satellite that orbited the Moon, used an ion thruster engine as the
electric propulsion system. After the satellite was launched into space, it took 13
and a half months to reach the Moon. STP systems, due to their relatively high
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specific impulse (up to 800 s with hydrogen as the propellant) and moderate thrust
(0.4–100 N), have attracted the attention of researchers in the aerospace field. The
performance of an STP system ranges between chemical propulsion and electric
propulsion systems, filling the performance gap of chemical propulsion and electric
propulsion systems. As the primary and auxiliary propulsion system of a spacecraft,
STP can reduce the launch cost and increase the payload. STP systems are particularly
suitable for missions that do not require high thrust. The Marshall Space Flight
Center (MSFC) studied a space transfer vehicle that uses STP, which can transfer a
payload of 450 kg from a lowEarth orbit (LEO) to a geostationary Earth orbit (GEO).
In the design, liquid hydrogen is used as a propellant, and two inflatable off-axis
parabolic concentrators are used to guide the concentrated sunlight into a tungsten/
rhenium blackbody absorber. The concentration ratio of the primary concentrator is
1800:1, the concentration ratio of the secondary concentrator is 3:1, and the total
concentration ratio is 5400:1. The generated thrust is 8.9 N, and the specific impulse
is 860 s. The transfer time to GEO is approximately one month.

A performance comparison of the solar thermal propulsion system and other
propulsion systems is shown in Table 8.1. The comparison shows that the STP system
has the advantages of high specific impulses and the ability to generate appropriate
thrusts, and these advantages determine its wide application in the fields of satellite
orbital transfer, interstellar navigation missions, and powering microsatellites. STP
can only provide a small thrust, and is characterized by a high specific impulse,
sustainable propulsion, and adjustable and accurate thrust. Compared with chemical
propulsion, low-thrust propulsion can better meet the demand for frequent satellite
orbit transfers and has a longer orbit lifetime.

Table 8.1 Performance comparison of propulsion systems

Classification of propulsion methods Typical thrust/N Typical
specific
impulse/s

Electric
propulsion

Electric heating Electric resistance
heating

0.05 180

Electrostatic Ion thruster 5 × 10-3 3000

Colloid thruster 10-6–10-5 500

Electromagnetic Hall-effect thruster
(HET)

10-3–10-1 1600

Chemical
propulsion

Solid propulsion 0.1 100–300

Liquid propulsion Monopropellant
propulsion

0.02–0.75 150

Double-propellant
propulsion

15 290

Cold gas propulsion 0.5–4.5 60

Solar thermal propulsion 0.02–2 200–900
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At present, the space missions suitable for STP can be mainly divided into three
categories:

(1) Near-escapemission:The ideal speed increment fromageosynchronous transfer
orbit (GTO) to a final orbit is 700–1000 m/s, and a short period and ignition at
the perigee point are needed to reach the final orbit.

(2) GEO mission: The requirement (GTO-GEO) is on the order of 1500 m/s,
allowing a small thrust at the apogee point to accelerate to reach the final orbit.

(3) The capture missions of other celestial bodies include the lunar orbit, the GTO
to the final orbit with an ideal speed increment in a range of 1100–1500 m/s,
and interplanetary missions. These missions all require low-thrust systems to
provide the combined ignitions at perigee and apogee points.

An STP system can provide a continuous thrust of 1–5 N or an intermittent thrust
of 10–100N, and the continuous constant thrust is a commonly used orbitalmaneuver
in space flight. Among them, small thrusts are suitable for the rendezvous maneuvers
of Earth-orbiting spacecraft, while tangential or circumferential thrusts and larger
positive radial thrusts can be used to escape flight from the Earth’s gravitational
field and perform interstellar object rendezvous. Using the motion equation of the
center of mass under a constant thrust, there is no limitation on the magnitude of
the maneuvering thrust, and during spacecraft rendezvous applications, there is no
requirement on the relative distance.

8.3.2 Optimization of Computational Model

For spacecraft needing space propulsion, small satellites are the main design objects,
and there are two types. The total mass of the first type of satellite is 100 kg, the
volume is 60 × 60 × 80 cm (0.288 m3), the volume of the propellant tank is 0.05
m3, and the mass is limited to 50 kg.

The total mass of the second type of satellite is 400 kg, the volume is 110 × 110
× 88.5 cm (1.07 m3), the volume of the propellant tank is 0.18 m3, and the mass is
limited to 200 kg.

8.3.2.1 Objective Function

(1) Speed increment �V

Under the thrust of a solar thermal thruster, the best orbital transfer effect can
be achieved by maximizing the speed increment �V . Achieving the best match
between the spacecraft and thruster performance is the most direct reflection of the
maximation of the speed increment �V , so the speed increment �V is the objective
function.

For a monopropellant engine, the speed increment �V is:
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Fig. 8.9 Variation of speed increment �V with orbit height

�V = Ispg0 ln
m0

mf
(8.4)

where m0 is the initial mass of the spacecraft, mf is the mass of the spacecraft after
the propellant is used up and the orbit transfer is completed, Isp is the specific impulse
of the engine, and g0 is the earth’s gravitational acceleration.

When the Hohmann transfer orbit is used to start the orbit transfer from the initial
circular orbit of 200 km, the variation of the speed increment needed for the satellite
versus the orbit height is shown in Fig. 8.9. If the possible maximum �V is 1500 m/
s, the transfer orbital height is 3700 km.

In the space transfer task, obtaining the maximum speed increment is the ultimate
goal of task design. The specific impulse of the propulsion system Isp and the final
massmf of the spacecraft after the propellant is used up are the main factors affecting
the speed increment. For an STP system, the specific impulse Isp and mass mf are
comprehensively affected by parameters such as the mass of the tank, the collecting
area of the concentrator and the mass of the thruster.

(2) Payload mass

With the satellite’s transfer orbit determined, the design objective is to obtain
the maximum payload mass. In an STP system, the mass of the concentrator, the
propellant mass and the mass of the tank are the main factors affecting the mass of
the payload.
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8.3.2.2 Design Variables

When implementing integrated design, only key parameters are selected as design
variables in variable selection, which simplifies themodel, reduces the computational
volume, and avoids unnecessary interference by secondary factors. The main design
variables are as follows:

(1) Thrust action time tp

Thrust action time is the working time of the thruster in space, that is, the time
from the ignition of the engine to the depletion of the propellant. The instantaneous
mass of the spacecraft at time t is

m = m0 − mp

tp
t (8.5)

(2) Collection area of the concentrator Sc

The collection area of the concentrator can affect the mass of the concentrator
and the solar collection power. The propulsion power can be expressed as

PT = 1

2
Fve = IScη (8.6)

where I is the solar constant and η is the total efficiency of converting solar energy to
propellant kinetic energy. The concentrator is a component that accounts for a large
proportion of the mass of the STP system. For a space mission that requires N-level
thrust, the collection area of the concentrator also needs to be on the order of several
square meters. Increasing Sc can increase the solar collection power, which in turn
can increase the specific impulse and thrust of the propulsion system, but at the same
time, it increases the structural mass of the system. The area density of aluminum as
the material of the concentrator is 24 kg/m2, and the area density of the carbon fiber
reinforced polymer (CFRP) is even lower at 11 kg/m2.

(3) Propellant mass mp

The propellant mass has a great impact on the speed increment; the larger the
proportion of propellant mass in the total mass is, the larger the achievable speed
increment. However, an increase in the propellant mass brings about an increase in
the mass of the tank, and the two needs should be balanced in the design.

(4) Mass of the storage tank mt

The mass of the tank is also the main structural mass of the STP system, and
comprehensive consideration of many factors is needed, such as the propellant mass
mp and thrust action time tp. For a spherical tank with the simplest structure, the mass
is

mt = 4πa2tsρ (8.7)
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where a is the nominal radius of the tank, ρ is the density of the structural material
of the tank, and ts is the wall thickness of the tank; ts = pta/(2Swew). Using the
radius of the tank as a variable, the mass of the tank and the propellant mass can be
expressed as

mt = 2πa3ptρ

Swew
(8.8)

mp = 4

3
πa3ρp (8.9)

where pt is the maximumworking pressure of the tank, Sw is the maximum allowable
working stress of the structural material of the tank, and ew is the welding seam
efficiency.

(5) Specific impulse Isp

The specific impulse is the parameter that has the largest impact on the space-
craft speed increment. Under different specific impulses, the variation in the needed
propellant mass versus the speed increment is shown in Fig. 8.10. With a certain
speed increment, a high specific impulse can reduce the requirement for propellant
mass, thereby increasing the mass ratio of the payload. Both the specific impulse and
thrust can be adjusted during orbital operation.

(6) Thrust F

Thrust is directly related to the specific impulse and propellant mass flow rate.
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Fig. 8.10 Variation of propellant mass versus speed increment under different specific impulses
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F = Ispg0ṁ = Ispg0
mp

tp
(8.10)

Increasing thrust can reduce the propellant action time tp, which reduces the time
for tasks such as orbit transfer, but the increase in thrust requires the concentrator
to provide greater solar power, which in turn needs to increase the mass of the
concentrator, resulting in an increase in the structural mass of the system.

8.3.2.3 Constraints

(1) Value range of design variables

The specific impulse with the hydrogen as the propellant is 600–900 s, the specific
impulse with the ammonia as the propellant is 200–600 s, the radius of the storage
tank is 0.1–0.5 m, and the area of the concentrator is 1–5 m2.

(2) Propulsion system mass constraint

When small satellites are used as the research object, the propellant mass should
not exceed 50% of the total mass.

(3) Volume constraint

With small satellites as the research object, the volume of propellant tanks should
not exceed 25% of the total volume of the satellite.

8.3.3 Analysis of Simulation Results

8.3.3.1 Hydrogen as a Propellant

Mission analysis is performed using liquid hydrogen as a propellant. Liquid hydrogen
is a low-density and low-temperature propellant (boiling point 20 K), and very
effectivemeasuresmust be taken to control heat loss and prevent boiling vaporization.

First, the application in the 100 kgmicrosatellite is analyzed.With the speed incre-
ment as the objective function and the specific impulse, tank radius, and concentrator
area as design variables, the evolutionary process by the quantum genetic algorithm
is shown in Fig. 8.11. The speed increment of such small satellites using liquid
hydrogen as a propellant is too small, only 316 m/s, and the orbit transfer task cannot
be completed.

The use of polymer material for the concentrator can reduce the mass of the
concentrator, and the speed increment can be increased to above 466 m/s, which
is 15% higher than when using aluminum as the material, as shown in Fig. 8.12.
Therefore, in a space task, the concentrator should be made of lightweight material.
The main reason for the small speed increment of liquid hydrogen as a propellant is
that the storage density is too low at only 71 kg/m3, and the mass of liquid hydrogen
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Fig. 8.11 Optimization process when using a liquid hydrogen propellant in a 100 kg small satellite

that can be carried in the space of a small satellite is too small at only 5.2 kg, which
is far less than the limit of propellant mass able to be carried by small satellites, but
the occupied volume reaches the allowable volume upper limit.
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Fig. 8.12 Task optimization process using a polymer concentrator
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Fig. 8.13 The application of a liquid hydrogen propellant to a 400 kg small satellite

For a 400 kg small satellite space transfer task, the speed increment when using
a liquid hydrogen propellant is increased to 608 m/s, as shown in Fig. 8.13. As the
total mass and volume of the spacecraft increase, the liquid hydrogen propellant can
gradually meet the mission requirements, as shown in Fig. 8.13.

The optimal value is obtained when the specific impulse is 800 s and the tank
radius is 0.4 m. Although the increase in tank volume causes an increase in the mass
of the tank and the propellant mass at the same time, the increase in propellant mass
has a greater impact on the speed increment, which cancels the decreasing trend
caused by the increase in the mass of the tank. When the radius of the tank is set to
the maximum, the maximum speed increment can be obtained.

The ideal design for the use of a liquid hydrogen propellant is to increase the
obtained volume proportion of the tank in the satellite by reducing the volume of
other components. If the volume proportion of the liquid hydrogen tank is increased
to 50%, the speed increment can reach 1143 m/s, which can satisfy various orbit
transfer and orbit adjustment tasks for a satellite, as shown in Fig. 8.14. However, the
multilayer heat insulation of the tank and the subcooling ventilation system needed to
maintain the low temperature of liquid hydrogen are not considered in the analysis,
but the mass and volume proportions of this part are relatively large. Therefore,
the direct application of liquid hydrogen requires improvements in cryogenic fluid
storage technology.

Liquid hydrogen propellants can be used in large satellites or other spacecrafts.
The satellite in the Integrated Solar Upper Stage (ISUS) program in the United States
is taken as the research objects, with a total mass of 3630 kg and a designed thrust
of 6 N. An optimization is performed for this task. The quantum evolution process
shown in Fig. 8.15 shows that a speed increment of 6730 m/s can be obtained.
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Fig. 8.14 The case when the liquid hydrogen storage tank accounts for 50% of the volume
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Fig. 8.15 Design optimization for the application of liquid hydrogen in large satellites

8.3.3.2 Ammonia as a Propellant

Under the same design conditions, the speed of a 100 kg microsatellite using liquid
ammonia as a propellant reaches 2676 m/s when the CFRP concentrator is used,
as shown in Fig. 8.16. Liquid ammonia has a higher storage density (600 kg/m3),
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Fig. 8.16 Liquid ammonia propellant under the 25% volume limit for a 100 kg small satellite

and under the same volume limitation, liquid ammonia can better meet the needs of
satellites for space missions.

For the situation in which the propellant volume on the satellite is limited to 17%,
the use of ammonia as a propellant can also obtain a speed increment of 1970 m/
s, as shown in Fig. 8.17. The performance when using ammonia for STP in a small
satellite is very high.

When the 400 kg small satellite uses ammonia as a propellant, the acquired speed
increment can reach 4100 m/s, as shown in Fig. 8.18, and the orbit transfer task from
LEO to GEO can be directly completed.

With the maximum payload as the optimization goal, the payload optimization
process of a 100 kg small satellite is shown in Fig. 8.19 when the speed increment
is fixed at 1500 m/s and the specific impulse, propellant mass, and condenser mass
are used as design variables.

In the payload optimization, the total efficiency of the small satellite propulsion
system has a great impact on the optimization results. Table 8.2 shows the optimiza-
tion results under different total efficiencies. High efficiency can reduce the system’s
demand for solar power, increase the specific impulse of the propulsion system, and
reduce the concentrator mass and the propellant mass.
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Fig. 8.17 Liquid ammonia propellant under the 17% volume limit for a 100 kg small satellite
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Fig. 8.18 Liquid ammonia propellant in a 400 kg small satellite

Figure 8.20 shows the variation curves of payload mass versus specific impulse
under different efficiencies. There is an optimal payload, and it is not the case that
the larger the specific impulse, the larger the payload mass, which is due to the fact
that as the specific impulse increases, the concentrator area needs to keep increasing
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Fig. 8.19 Payload optimization process of a 100 kg small satellite

Table 8.2 Optimization results for small satellites under different total efficiencies of propulsion
systems

Total efficiency Specific impulse/s Propellant mass/kg Concentrator
mass/kg

Payload mass/kg

0.9 508 26.0 22.4 51.5

0.7 438 29.5 24.8 45.6

0.5 355 35.1 28.1 36.7

to maintain the solar power required by the system, thus bringing about an increase
in the structural mass of the system and reducing the mass proportion of the payload.

8.4 Comprehensive Analysis of Thruster Performance

The variations in the working gas mass flow rate, the temperature of the heated
working fluid, the speed of the working fluid at the nozzle exhaust, the thrust of the
thruster, and the specific impulse are shown in Fig. 8.21.
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Fig. 8.20 Variation curve of payload mass versus specific impulse under different efficiencies

Figure 8.21 shows that when the mass flow rate is lower, the working gas can
obtain a higher temperature before entering the nozzle, and thus the calculated speed
and specific impulse at the nozzle exhaust are larger. However, if the mass flow
rate is too small, it cannot meet the thrust design requirement for the entire system.
When the mass flow rate changes within the range of 0.5 × 10−4−2 × 10−4 kg/s,
the changes in gas entry temperature, nozzle exhaust speed, thrust, and specific
impulse are approximately linear, which provides great convenience for the adjust-
ment of related parameters. In addition, previous studies have found that increasing
the nozzle expansion ratio can also improve the specific impulse of the thruster, but
the increasing effect is no longer significant when the expansion ratio reaches 50:1.
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Fig. 8.21 Relationship
curves for working gas
performance changes
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Fig. 8.21 (continued)

Figure 8.21 shows that when the mass flow rate is 1.6× 10−4 kg/s, the thrust can
reach 0.5 N; when the mass flow rate is 0.6× 10−4 kg/s, the thrust can reach 0.2 N.
Table 8.3 shows the relationship between the total impulse and the propellant mass
under the above two conditions.

The following two points can be seen in Table 8.3: (1) when the total impulse is
1000–100,000 N s and the propellant mass is appropriate, STP has a great advantage;
(2) when the total thrust requirement is the same, increasing the propellant by 6.7%
can increase the thrust by 150%.

Table 8.3 Relationship between total impulse and propellant mass under two working conditions

Design thrust/N 0.5 0.2

Mass flow rate/(kg/s) 1.6× 10−4 0.6× 10−4

Total impulse 1000 N s Working time/s 2000 5000

Propellant mass/kg 0.32 0.3

Total impulse 10,000 N s Working time/s 20,000 50,000

Propellant mass/kg 3.2 3

Total impulse 100,000 N s Working time/s 200,000 500,000

Propellant mass/kg 32 30

Total impulse 1,000,000 N s Working time/s 2,000,000 5,000,000

Propellant mass/kg 320 300
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Chapter 9
Performance Validation Experiment
for the Solar Thermal Thruster

9.1 Introduction

The secondary concentrator and thrust chamber of the solar thermal thruster are inte-
gratedly designed using the regenerative coolingmethod, and the heat exchanger core
of the solar thermal thruster is designed using the laminate structure. Based on theo-
retical analysis and numerical simulation results and with the help of a solar thermal
propulsion (STP) experimental system, an experimental studyof the optimizeddesign
of solar thermal thrusters is carried out.

9.2 STP Experiment System

The STP experiment system used in the experimental study is composed of a propel-
lant supply system, a thruster tester, a vacuum chamber and a vacuum pump, a xenon
lamp light source system, and a thruster. The system is shown in Fig. 9.1.

9.2.1 Propellant Supply System

The propellant supply system is mainly composed of nitrogen cylinders, pressure
reducing valves, gas storage cylinders, pressure gauges, globe valves, and pipelines.
During use, nitrogen is depressurized from the steel cylinder through the pressure
reducing valve and then enters the four carbon fiber-wound gas cylinders for inflation,
in order to simulate the working state of the space storage tank. The propellant supply
system is shown in Fig. 9.2.
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Fig. 9.1 STP experiment system

Fig. 9.2 Propellant supply system

9.2.2 Thruster Tester

The thruster tester is mainly composed of a data acquisition card, various sensors,
data wires and corresponding acquisition software, as shown in Fig. 9.3. The data
acquisition sensors of the experimental system include a propellant volume flow
sensor, thruster temperature sensor, thruster pressure sensor, and nozzle exhaust
thrust sensor. The specifications and models of each piece of equipment on the tester
are shown in Table 9.1.

The thrust sensor is a piezoresistor thatmeasures the generated thrust bymeasuring
the reaction force of the propellant on the force-receiving surface of the sensor after
the propellant is ejected from the nozzle, with an acquisition accuracy of 0.01 N,
as shown in Fig. 9.4. The temperature is measured by a K-type thermocouple and
displayed by a multicircuit temperature recorder, with an acquisition accuracy of
0.1 °C, as shown in Fig. 9.5.



9.2 STP Experiment System 153

Fig. 9.3 Tester for thruster
with a small thrust

Table 9.1 Specifications and models of thrust tester

Name Model/specification Measuring range Remarks

Industrial control
cabinet

60 × 60 × 160 cm – –

Industrial computer Lenovo – 1 piece

Data acquisition
instrument

DAQ-0800 – 1 piece

N2 flow sensor SFC4200 0–20 SLM 1 measuring point

Pressure sensor YSZK-313 0–4 MPa 1 measuring point

Temperature sensor K-type – 200 to 1370 °C 11 measuring points

Thrust sensor BK-3A 0–10 N 1 measuring point

Temperature
recorder

90 series –200–1370 °C
(K-type)

1 piece

Combined instrument
SH-X

–200–1370 °C
(K-type)

1 piece

9.2.3 Xenon Lamp as the Light Source

Since the xenon lamp spectrum is basically consistent with the solar spectrum, solar
radiation is simulated by using a xenon lamp as the light source. The radiation
spectral energy distribution of the xenon lamp is close to that of sunlight, with a color
temperature of approximately 6000 K. The spectral distribution of the continuous
spectrum part is almost independent of the input power of the xenon lamp, and the
spectral energy distribution almost does not change during the lifetime. The light



154 9 Performance Validation Experiment for the Solar Thermal Thruster

Fig. 9.4 Thrust sensor

(a) Combined instrument SH-X (b) 90 series

Fig. 9.5 Temperature recorder

source system is composed of a xenon lamp, a primary concentrator, a power control
box, and wires. The output power of xenon lamp, the light source, ranges from
700 to 7000 W, and the efficiency of converting electrical power to light energy is
approximately 60%. During the experiment, the output power of the light source is
adjusted by the knob of the power control box (the power is gradually increased to
prevent the rupture of the secondary concentrator caused by the large thermal shock).
The light is converged by the primary concentrator and then incident on the surface
of the secondary concentrator of the thruster. The light source is shown in Fig. 9.6.

9.2.4 Flow Controller

In the STP experiment system, the flow of the propellant nitrogen is changed through
the flowcontroller. Theworking principle of the flowcontroller is to change the cross-
sectional area of the pipeline through the input voltage, thus achieving flow control,
and the flow control accuracy is 0.01 nL/min (20 °C, 101.325 kPa). The controller
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(a) Light source system before the experiment (b) Light source system during the experiment

Fig. 9.6 Xenon lamp as the light source

is shown in Fig. 9.7. When the input voltage is 0, the flow controller is off, and the
nitrogen flow rate is 0.When the input voltage is greater than or equal to 5 V, the flow
controller is fully opened, and the nitrogen flow rate reaches the maximum value of
20.00 nL/min.

With the pressure of the gas cylinder being constant at 0.4 MPa, the flow rate of
nitrogen gas under different input voltages is obtained through experiments, and the
results are shown in Table 9.2.

The voltage of the flow controller is plotted against the corresponding flow rate,
and the variation pattern is shown in Fig. 9.8. Figure 9.8 shows that the relationship
between the flow rate and the voltage is basically linear. Within the working pressure
range of the flow controller, the flow rate can be basically determined by the applied
voltage.

Fig. 9.7 Flow controller
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Table 9.2 Experimental data of the nitrogen flow rate under different voltages at 0.4 MPa

Voltage/V Flow rate/(nL/
min)

Voltage/V Flow rate/(nL/
min)

Voltage/V Flow rate/(nL/
min)

0 0 1.8 7.41 3.6 14.53

0.2 1.16 2.0 8.19 3.8 15.20

0.4 1.75 2.2 8.90 4.0 16.04

0.6 1.73 2.4 9.89 4.2 16.70

0.8 3.51 2.6 10.50 4.4 17.77

1.0 4.17 2.8 11.15 4.6 18.37

1.2 5.01 3.0 12.31 4.8 19.01

1.4 5.75 3.2 13.02 5.0 20.00

1.6 6.71 3.4 13.64

Fig. 9.8 Relationship between flow rate and voltage of flow controller at 0.4 MPa

At the same time, experiments are conducted on the flow controller under nitrogen
pressures of 0.3 and 0.4MPa, as shown in Fig. 9.9. Figure 9.9 shows that the nitrogen
flow rate is unstable when the pressure is low (0.3 MPa), while the nitrogen flow rate
is relatively stable when the pressure is 0.4 MPa.

9.3 Cold Gas Propulsion Experiment of Thruster

According to the principle and experimental needs of STP, an experimental system
is built, the propellant gas pipelines are connected, the data acquisition sensor is
connected and debugged, and the cold gas propulsion of a thruster is carried out.

The thruster is installed in a stainless steel sleeve, which is installed in a vacuum
chamber together with the thrust sensor and pressure sensor, as shown in Fig. 9.10
a and b. The temperature of the thruster is measured by 11 K-type thermocouples
at the front (3), middle (3), rear (3) and throat (2) of the thruster. The parameter
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(a) 0.3 MPa

(b) 0.4 MPa

Fig. 9.9 Comparison of flow rate stability under different pressures

recorder is installed outside the vacuum chamber. The distribution of the thruster
wall temperature is shown in Fig. 9.10c and d. The flow sensor is installed outside
the vacuum chamber. The vacuum chamber is evacuated by an external vacuumpump
to reduce the air pressure. Currently, the minimummeasured pressure in the chamber
is 12.8 Pa.

The pressure of the gas cylinder is 0.4 MPa. The cold gas test is conducted on the
thruster under three working conditions: working condition 1, working condition 2,
and working condition 3. Based on the nitrogen flow rates corresponding to different
voltages in Table 9.2, the different working conditions are shown in Table 9.3.

The experimental data obtained under cold gas tests (two groups of data for each
working condition) are plotted in Fig. 9.11, and the thrust is shown in Table 9.4.

Under the same gas cylinder pressure of 0.4 MPa and unheated propellant, the
corresponding thrust is measured by adjusting the propellant flow rate. In Fig. 9.11,
the solid blue line represents the propellant flow rate, and the dotted red line represents
the thrust of the thruster. The experimental data show that after the propellant valve
is opened, the flow rate rises rapidly to the maximum value: for working condition
1 (voltage 5 V), the propellant flow rate basically remains unchanged after reaching
the maximum value; for working conditions 2 (voltage 4 V) and 3 (voltage 3 V), the
propellant flow rate decreases rapidly after reaching the maximum value and then
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(a) Thruster fixing sleeve (b) Installation of thruster and thrust sensor in the 
chamber

(c) Temperature collection points at the front and 
middle of the thruster

(d) Temperature collection points at the rear and 
throat of the thruster

Fig. 9.10 Thruster installation and thrust and temperature data acquisition

Table 9.3 Propellant flow
rates under different working
conditions

Working condition 1 2 3

Voltage/V 5.0 4.0 3.0

Propellant volume flow rate/(nL/min) 20.0 16.5 12.5

stabilizes around a certain value, indicating that the flowcontroller has a better control
effect on the propellant flow rate. Under the three working conditions, the obtained
thrust quickly reaches the maximum after a short delay and then gradually decreases.
The reason is that after the propellant is ejected from the nozzle, the vacuum in the
vacuum chamber decreases rapidly, which increases the resistance as propellant is
ejected from the nozzle; simultaneously, the thrust sensor has limited accuracy, and
the error in the measured value increases over time. Therefore, the maximum value
of the thrust curve is taken as the measured nozzle thrust.

It should be noted that for nitrogen, the theoretical specific impulse of gas at room
temperature is 75 s, and the actual measurement value is between 60 and 72 s.
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(b) Group 2 of cold gas test under working condition 1
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(a) Group 1 of cold gas test under working condition 1
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Fig. 9.11 Variation curves of propellant flow rate and thrust with the unheated propellant

9.4 Thruster Propellant Heating Experiment

In the experiments, a strong xenon lamp light source is used to simulate solar radi-
ation. Since the spectrum of the xenon lamp is basically consistent with the solar
spectrum, the color temperature is approximately 6000 K. The electric power of the
light source ranges from 700 to 7000W. The efficiency of converting electrical power
to light energy is approximately 60%. During the experiment, the power of the light
source is gradually increased to prevent the secondary concentrator of the thruster
from being damaged or even ruptured by the large thermal shock. Figure 9.12 shows
the xenon lamp heating test and the condition inside the chamber during heating, and
Fig. 9.13 shows the melting of the heat insulation sleeve and temperature measuring
wire after the heating test.
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(c) Group 1 of cold gas test under working condition 2

(d) Group 2 of cold gas test under working condition 2
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Fig. 9.11 (continued)
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(e) Group 1 of cold gas test under working condition 3

(f) Group 2 of cold gas test under working condition 3
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Fig. 9.11 (continued)

Table 9.4 Thrusts Corresponding to Different Conditions

Working condition 1 2 3

Propellant volume flow rate/
(nL/min)

20.0 16.5 12.5

Propellant mass flow rate/(×
10–4 kg/s)

7.0737 5.8358 4.4210

Thrust/N Group 1 Group 2 Group 1 Group 2 Group 1 Group 2

0.43 0.44 0.37 0.37 0.32 0.31

Specific impulse/s 60.79 62.20 63.40 63.40 72.38 70.12
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Fig. 9.12 Xenon lamp heating experiment and inside condition

Fig. 9.13 The heat insulation sleeve and temperature measuring wire melted after the heating
experiment

In the early heating experiments, the outer surface of the thruster is exposed to
high temperature for a long period of time, which causes the melting and sticking of
the enameled wire outside the temperature measuring wire. To prevent the enameled
wire outside the temperature measuring wire in the high-temperature conditions
to melt, thus causing a short-circuit of inner metal wire to affect the temperature
measurement, in the later experiments, the wires near the thruster are wrapped with
asbestos sheets to avoid the exposure of the temperature-measuring wires to strong
light, as shown in Fig. 9.14.

9.4.1 The First Heating Experiment

The gas cylinder pressure is maintained at 0.4 MPa, and the propellant flow rate is
maintained at that of working condition 2 (approximately 16.5 nL/min). Propellant
heating experiments are conducted on a thruster under seven xenon lamp powers of
1000, 2000, 3000, 4000, 5000, 6000 and 7000 W, and the measured temperatures
corresponded to the power of the xenon lamp are 60, 100, 150, 200, 250, 300, and
350 °C.
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Fig. 9.14 Asbestos-coated temperature measuring wires

The experimental data obtained under different xenon lamp powers as heating
conditions are plotted in Fig. 9.15, the nitrogen density is shown in the Table 9.5,
and thrusts are shown in the Table 9.6.

The internal temperature of the thrust chamber can be calculated by the following
formula (temperature calculation results are for reference only):

T1
T0

=
(
I1
I0

)2

where T 0 represents the temperature of the outer wall of the thruster; T 1 represents
the internal temperature of the thrust chamber; I1 represents the specific impulse
of the thruster when the temperature of the outer wall of the thruster is T 0; and I0
represents the specific impulse of the thruster when the temperature of the outer wall
of the thruster is room temperature. The corresponding thrust chamber temperature
is calculated based on the different outer wall temperatures and specific impulses of
the thruster. The calculation results are shown in Table 9.7.

As shown in Fig. 9.13, after the heating test, the wall surface of the thruster and
the heat insulation sleeve all suffer different degrees of burning and discoloration;
the blue enameled wire of the temperature measuring wire is melted and adhered,
and the secondary concentrator is intact.

The experimental curves show that the flow rate is basically stable at 16.5 nL/
min during the whole experimental process. As the xenon lamp power continues
to increase, the thrust generated by the thruster gradually increases, and the specific
impulse gradually rises.When the power reaches 6000W (300 °C), the thrust reaches
the maximum value of 0.59 N; when the light source power continues to increase, the
thrust of the thruster basically remains unchanged, and the specific impulse continues
to rise. When the xenon lamp power is 7000 W, the thrust can reach 0.58 N and the
specific impulse can reach 131.40 s when nitrogen is used as the propellant. The
specific impulse of the thruster can be increased to a certain extent by increasing
the incident power, and the variation trend and increase are shown in Fig. 9.16 and
Table 9.8.
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Figure 9.16 shows that the thrust and specific impulse of the thruster with a
light source power ≤ 6000 W increase linearly with increasing temperature, and
the increments in thrust and specific impulse are approximately 0.00032 N/W and
0.0114 s/W, respectively. The thrust measured when the light source power is 7000
W is the same as that when the power is 6000 W. The reason may be that the gap
between the force-receiving surface of the thrust sensor and the nozzle exhaust is
slightly increased, resulting in the measured thrust being slightly lower than the
actual thrust.

(a) 1000 W 60 ℃ N2 volume flow rate-thrust

(b) 2000 W 100 ℃ N2 volume flow rate-thrust
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Fig. 9.15 Variations of thrust under different xenon lamp powers in thruster propellant heating
experiment
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(c) 3000 W 150 ℃ N2 volume flow rate-thrust

(d) 4000 W 200 ℃ N2 volume flow rate-thrust

(e) 5000 W 250 ℃ N2 volume flow rate-thrust

0 2 4 6 8 10 12
0

5

10

15

20

0

0.1

0.2

0.3

0.4

0.5

Th
ru

st
/N

Time/s

Time/s

Time/s

N2 volume flow rate

Thrust

0 1 2 3 4 5 6 7 8 9 10
0

5

10

15

20

0

0.1

0.2

0.3

0.4

0.5

Th
ru

st
/N

N2 volume flow rate

Thrust

0 1 2 3 4 5 6 7 8 9
0

5

10

15

20

25

0

0.1

0.2

0.3

0.4

0.5

0.6

Th
ru

st
/N

N2 volume flow rate

Thrust

0.625

0.625

Fig. 9.15 (continued)
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(f) 6000 W 300℃ N2 volume flow rate-thrust

(g) 7000 W 350 ℃ N2 volume rate flow-thrust
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Fig. 9.15 (continued)

Table 9.5 Nitrogen density under different powers

Power/W 1000 2000 3000 4000 5000 6000 7000

Outer wall temperature/°C 60 100 150 200 250 300 350

Pressure/MPa 0.246 0.255 0.268 0.276 0.285 0.293 0.297

Density/(kg/m3) 2.4868 2.3015 2.1330 1.9645 1.8347 1.7217 1.6051

9.4.2 The Second Heating Experiment

According to the first heating test results, the propellant flow rate is reduced. Under
the same light source system, with the pressure of the gas cylinder at 0.4MPa and the
flow rate of the propellant at approximately 16 nL/min, the thrust tests are conducted
on the thruster under nine thruster outer wall temperatures: 20 (room temperature),
60, 100, 150, 200, 250, 300, 350 and 400 °C.
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Table 9.6 Thrusts corresponding to different xenon lamp powers

Xenon lamp power/
W

1000 2000 3000 4000 5000 6000 7000

Propellant volume
flow rate/(nL/min)

16.5 16.5 16.5 16.5 16.5 16.5 16.5

Propellant mass flow
rate/(×10–4 kg/s)

6.8387 6.3291 5.8657 5.4025 5.0454 4.7346 4.4141

Thrust/N 0.43 0.46 0.54 0.55 0.57 0.59 0.58

Specific impulse/s 62.80 72.68 92.06 101.80 112.97 124.61 131.40

Table 9.7 Thrust chamber temperatures corresponding to different outer wall temperatures

Power/W 1000 2000 3000 4000 5000 6000 7000

Outer wall temperature/°C 60 100 150 200 250 300 350

Propellant temperature/°C – – 232.3 426.1 699.7 1064.1 1419.8
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Fig. 9.16 Variations of thrust/specific impulse for thruster under different xenon lamp powers

Table 9.8 Improvement in specific impulses under different light source powers

Power/W 1000 2000 3000 4000 5000 6000 7000

Specific impulse/s 62.80 72.68 92.06 101.80 112.97 124.61 131.40

Specific impulse increment/s 0 9.88 29.26 39.00 50.17 62.81 68.60

Percent/% 0 15.73 46.59 62.10 79.89 98.42 109.24

The procedure of the heating experiment is shown in Fig. 9.17. The experimental
data obtained under different thruster outer wall temperatures are plotted in Fig. 9.18,
the nitrogen density at different temperatures is shown in Table 9.9, and the thrust is
shown in Table 9.10.
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The experimental temperature versus the thrust and specific impulse are plotted
in Fig. 9.19. Figure 9.19 shows that at ≤ 400 °C, the thrust and specific impulse of
the thruster increase linearly with increasing temperature, with increments in thrust
and specific impulses of approximately 0.00052 N/°C and 0.21 s/°C, respectively.
When nitrogen is used as a propellant, the thrust reaches 0.64 N, and the specific
impulse reaches 148.5 s when the ambient temperature is 400 °C.

Compared with the those at room temperature, the thrust and specific impulse of
the thruster show a greater increase with increasing temperature, and the increase
of the specific impulse is approximately (10–16%)/50 °C. Table 9.11 shows the
variation trend and increase of specific impulses.

(a) 20 ℃ (b) 60 ℃

(c) 100 ℃ (d) 150 ℃

Fig. 9.17 Heating experiment procedure
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(e) 200 ℃ (f) 250 ℃

(g) 300 ℃ (h) 350 ℃

(i) 400 ℃

Fig. 9.17 (continued)

After the heating test, the thruster is burned and discolored, as shown in Fig. 9.20.
Figure 9.20 shows that after the heating test, the thruster wall suffers different degrees
of burning and discoloration along the axial direction, the discoloration of the thruster
head is the most severe, and the blue enameled wire of the temperature measuring
wire is melted and adhered, but the secondary concentrator is intact. The temperature
of the thruster is distributed in the order of front > middle > nozzle throat > nozzle
expansion.
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(a) 20 ℃ N2 volume flow rate-thrust

(b) 60 ℃ N2 volume flow rate-thrust
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(c) 100 ℃ N2 volume flow rate-thrust
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Fig. 9.18 Variations of N2 volume flow rate versus thruster thrust under different thruster outer
wall temperatures
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(d) 150 ℃ N2 volume flow rate-thrust

(e) 200 ℃ N2 volume flow rate-thrust
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(f) 250 ℃ N2 volume flow rate-thrust
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Fig. 9.18 (continued)
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(g) 300 ℃ N2 volume flow rate-thrust

(h) 350 ℃ N2 volume flow rate-thrust
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(i) 400 ℃ N2 volume flow rate-thrust
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Fig. 9.18 (continued)
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Table 9.9 Corresponding nitrogen densities at different temperatures

Temperature/°C 20 60 100 150 200 250 300 350 400

Pressure/MPa 0.210 0.222 0.237 0.242 0.251 0.271 0.283 0.303 0.323

Density /(kg/m3) 2.412 2.244 2.139 1.926 1.787 1.745 1.663 1.637 1.616

Table 9.10 Thrusts corresponding to different thruster outer wall temperatures

Temperature/°C 20 60 100 150 200 250 300 350 400

Propellant volume flow rate/
(nL/min)

16.0 16.0 16.0 16.0 16.0 16.0 16.0 16.0 16.0

Propellant mass flow rate/(×
10−4 kg/s)

6.433 5.984 5.704 5.136 4.765 4.652 4.434 4.367 4.309

Thrust/N 0.33 0.41 0.43 0.47 0.50 0.55 0.57 0.62 0.64

Specific impulse/s 51.30 68.52 75.39 91.51 104.9 118.2 128.6 142.0 148.5
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Fig. 9.19 Thrust and specific impulse of thruster under different outer wall temperatures

Table 9.11 Increases in specific impulse under different thruster outer wall temperatures

Temperature/°C 20 60 100 150 200 250 300 350 400

Specific
impulse/s

51.30 68.52 75.39 91.51 104.9 118.2 128.6 142.0 148.5

Specific impulse
increment/s

0 17.22 24.09 40.21 53.6 66.9 77.3 90.7 97.2

Percent/% 0 33.57 46.96 78.38 104.48 130.41 150.68 176.80 189.47
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Fig. 9.20 Burning and discoloration of the thruster after the heating test
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Chapter 10
Thrust of Solar Thermal Thruster Under
Variable Working Conditions

10.1 Introduction

Experiments are conducted on the STP system built in Chap. 9 to test the thrust of the
solar thermal thruster under different working conditions. In this chapter, the heating
power and propellant flow rate are changed to change the thrust.

10.2 Cold Gas Propulsion Experiment of Thruster Under
Variable Working Conditions

The experiments show that when the vacuum chamber is not evacuated or the vacuum
of the vacuum chamber is low, the thrust cannot be experimentally measured due
to the accuracy of the thrust sensor and the influence of the residual atmosphere.
After the vacuum chamber is evacuated, the minimum pressure inside the chamber
is approximately 12.8 Pa, and a cold gas test under different working conditions can
be performed.

In the tests of the supply system pressure being 0.4, 0.5, 0.6, 0.7 and 0.8 MPa,
the flow controller (when the input voltage is 5.0 V) is fully opened, and results of
the cold gas experiment are shown in Fig. 10.1. Figure 10.1 show that at various
pressures, the flow rates under these conditions are basically the same at 20 nL/min,
suggesting that the flow controller can better control the propellant flow rate when
the pressure is greater than or equal to 0.4 MPa.

As shown in Fig. 10.1, the solid line shows the measured propellant flow rate,
and the dotted line shows the measured thrust. After the propellant valve is opened,
the flow rate rises rapidly to reach the maximum value and then basically remains
unchanged. The measured thrust quickly reaches the maximum value after a short
delay and then gradually decreases. The reason is that after the propellant is ejected
from the nozzle, the vacuum in the vacuum chamber decreases rapidly, which
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(a) 0.4 MPa

(b) 0.5 MPa

(C) 0.6 MPa
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Fig. 10.1 The cold gas propulsion test results under different pressures
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(d) 0.7 MPa

(e) 0.8 MPa
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Fig. 10.1 (continued)

increases the resistance as propellant is ejected from the nozzle; simultaneously, the
thrust sensor has limited accuracy, and the error in the measured value increases over
time, so a thrust of zero can be experimentally obtained. Therefore, the maximum
value of the thrust curve is taken as the measured nozzle thrust.

The thrust of cold gas propulsion under different pressures is shown in Table 10.1.
The experimental data show that, when the gas cylinder pressure is fixed at 0.4 MPa,
nomatter how the flow rate is adjusted (themaximum is 20.00 nL/min), themaximum
thrust is 0.2 N. Compared to the design conditions of 0.1, 0.2, 0.3, 0.4 and 0.5 N, the
propellant flow rate is too high when the pressure is kept constant, and the flow rate
needs to be appropriately reduced under each pressure to meet the desired thrust.
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Table 10.1 Variation of thrust versus pressure

Pressure/MPa 0.4 0.5 0.6 0.7 0.8

Thrust/N 0.2 0.27 0.34 0.42 0.51

Desired thrust/N 0.1 0.2 0.3 0.4 0.5

With the pressure under each working condition being constant, the voltage of the
flow controller is adjusted to achieve the desired thrust under each condition. The
test results are shown in Fig. 10.2. At 20 °C and 101.325 kPa, the nitrogen density is
1.1654 kg/m3, and the correspondingmass flow rates of nitrogen under each working
condition are shown in Table 10.2.

Analysis shows that the specific impulse of the thruster in the cold gas test is low.
At 0.4MPa, the specific impulse is 48 s. However, at 0.4MPa, the theoretical specific
impulse value of N2 at room temperature is approximately 75 s. The possible reasons
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Fig. 10.2 Cold gas test curves under design conditions
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(C) 0.3 N
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Fig. 10.2 (continued)
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Table 10.2 Cold gas propulsion experiment results under design conditions

Pressure/MPa 0.4 0.5 0.6 0.7 0.8

Thrust/N 0.1 0.2 0.3 0.4 0.5

Flow rate/(nL/min) 10.74 15.01 17.26 19.01 20.00

Mass flow rate/(×104 kg/s) 2.086 2.915 3.352 3.692 3.885

Specific impulse/s 48 68 89 108 128

for the low experimental value are as follows: the working fluid flow rate into the
nozzle is low due to some leakage of the working fluid caused by the sealing issue
during the installation of the thruster; the pressure in the vacuum chamber is still high
after evacuation, and the experimental value is approximately 12.8 Pa; the thruster
nozzle is designed to use hydrogen as a propellant, so there is a certain difference as
nitrogen is used in the test.

The cold gas experiment clearly shows that the pressure of the gas cylinder has
a great impact on the thrust. To study the effects of the flow rate and solar radiation
power on the thrust, the pressure of the propellant cylinder is kept constant at 0.4MPa.

First, the feasibility of heating by a xenon lamp light source is verified, then a thrust
test is conducted on the thruster under low-power heating conditions, and the test
result curves are shown in Fig. 10.3. The test results show that the flow controller has
better stability, and the heating effect of the thruster is more obvious. The measured
thrust increases from 0.04 N without heating to 0.08 N when heated by a 700 W
xenon lamp and reaches 0.12 N when heated by a 2 kW xenon lamp.

10.3 Propellant Heating Experiment of Thruster Under
Variable Working Conditions

Since the xenon lamp spectrum is basically consistent with the solar spectrum, the
xenon lamp light source is used to simulate the heating of the thruster by sunlight.
The variation range of the electric power of the xenon lamp is 700 W to 7 kW, and
the electro-optic conversion efficiency is approximately 60%. In the experiment, the
power is gradually increased to prevent the rupture of the secondary concentrator
caused by the large thermal shock. Figure 10.4 shows the heating test in progress.

After the thruster is heated for a long time, the fixation panel of the concentrator
burns and discolors to a certain extent, but the secondary concentrator remains intact,
as shown in Fig. 10.5a, indicating that the secondary concentrator can work continu-
ously for a long time in this high-temperature environment. The heat exchanger core
material of the thruster is molybdenum metal. As shown in Fig. 10.5b, the structure
is stable after heating. Therefore, the use of molybdenum metal as the material of
the thruster can work for a long time in this harsh environment.
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(a) No heating

(b) Heating at 700 W
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(c) Heating at 2 kW
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Fig. 10.3 Results of the low-power heating experiment
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Fig. 10.4 Using a xenon
lamp to heat the thruster

(a) Concentrator and fixation panel (b) Thruster absorber

Fig. 10.5 Photographs of thrusters after heating

10.3.1 Adjusting the Flow Rate While Keeping the Heating
Power Constant

To ensure the safety of the experiment, the pressure reducing valve is adjusted to
maintain the pressure at 0.4 MPa, the heating power is 3 kW, and the voltage of the
flow controller is adjusted to change the flow rate. Table 10.3 lists the flow rates
measured when the flow controller is under different voltages.

Table 10.3 Working fluid flow rate under different voltage values of the flow controller

Voltage/(V) 1.0 2.0 3.0 4.0 5.0

Flow rate (nL/min) 4.20 8.40 12.24 16.31 20.00
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The experimental thrust and flow rate results are shown in Fig. 10.6. The test
results show that when the heating power remains constant, the thrust increases with
the increase in the flow rate within a certain range. From an experimental point of
view, the effectiveness of two ways of changing the thrust is theoretically verified.
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Fig. 10.6 Thrust variations under different flow rates



184 10 Thrust of Solar Thermal Thruster Under Variable Working Conditions

(c) 12.24 nL/min
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(d) 13.31 nL/min
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Fig. 10.6 (continued)

10.3.2 Adjusting the Heating Power While Keeping the Flow
Rate Constant

The power of the xenon lamp to simulate the incident sunlight gradually increases,
and electric powers of 1, 2, 3 and 4 kW are used to heat the thruster. The obtained
test curves are shown in Fig. 10.7. Figure 10.7 shows that the maximum thrust of
the thruster significantly increases with increasing heating power. Nitrogen is used
as the propellant in the experiment, and the measured maximum thrust reaches 0.60
N.
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In this chapter, experiments on solar thermal thruster under variable working
conditions are carried out. During the cold gas propulsion experiments, due to the
limitation of the structural parameters of the nozzle and the experimental conditions,
the thruster could not operate at the design condition when only the propellant flow
rate is adjusted. In the heating experiment, a xenon lamp is used to simulate sunlight,
nitrogen is used as a propellant to verify the effectiveness of xenon lamp heating, the
thruster thrust is significantly increased, and nitrogen can be heated to above 700 K.
Therefore, from the experimental point of view, the feasibility of changing the thrust
of the thruster by adjusting the flow rate and the incident sunlight is verified.
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Fig. 10.7 Variations of flow rate and thrust under different xenon lamp powers
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(c) 3 kW

(d) 4 kW
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Fig. 10.7 (continued)
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